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PREFACE

This report consists of two principal parts. Part I consists of progress
summaries of the various phases of the Apollo Program at MIT/IL. Part II con-
sists of technical sections that are primarily the presentations made at a Design
Review Meeting at MIT/IL on 25and 26March 1964.

The report also includes a list of all meetings attendedby MIT/IL Apollo
personnel as well as the Bibliography of all reports on the Apollo Program pub-
lished by MIT Instrumentation Laboratory.
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PART I

PROGRESS SUMMA RIES

The delivery schedule for command module Guidance and Navigation (G&N) Sys-

tems is shown in Fig. I-l.

Failure Effects Analysis: MIT/IL requested Raytheon Manufacturing Co. to pro-

vide support and assistance to MIT/IL for Failure Effects Analysis of Command Module

Guidance and Navigation Equipment. Operating modes will be identified with mission

phases, times, and environments. Within each operating mode and mission phase,

failure modes of assemblies, subassemblies, and significant parts will be identified and

associated with the effects on system performance and mission success. Relative

criticalities based on severity of effect, probability of occurrence and availability of

indication, maintenance, or alternate mode operation shall be assigned. (Reference

TD R-137, 18 March 1964.)

Block I Drawings: MIT/IL authorized AC Spark Plug (ACSP), Raytheon, and

Kollsman Instrument Corp. to assume responsibility for the maintenance and prepara-

tion of Command Module Block I flight hardware and Ground Support Equipment (GSE)

design drawings. Technical responsibility for design will remain with MIT/IL. (Refer-

ence TD's A-219, R-150, and K-124, 5 March 1964.)

Test Data Reduction and Analysis Planning: AC Spark Plug is to develop under

MIT/IL direction (through in-house effort) an integrated plan for the reduction and ana-

lysis of both Command Module (C/M) and Lunar Excursion Module (LEM) G&N test data

and to establish the associated test data and instrumentation requirements in order to

implement the objectives and concepts of the C/M and LEM G&N Test Plans and provide

a basis for modification of these plans. The task includes all flight data and reliability

data and further includes integration of the ground test data plan being prepared by

Raytheon under TD R-145. (Reference TDA-193, 23 March 1964.)

AGE-4 has been assembled in a system harness and operated in all system modes,

both manually and with AGC-4. ATP procedures proofing using AGE-4 and the GSE is

continuing. The AGE-4 schedule is shown in Fig. I-2.

The AGE-5 schedule is shown in Fig. I-3. AGE-5 Inertial Subsystem has been

assembled and preliminary alignment and calibration performed. ISS assembly and test

procedures are continuing.
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The computer delivery schedule is shown in Fig. I-4.

AGC-4B: Raytheon reports all items for use on AGC-4B have been completed

with the exception of the cover plate assembly and rope sticks which will be delivered

as required.

pieted during April.

Block I AGC Core Ropes: MIT/IL directed Raytheon to wire sense lines for the

following eight modules as specified by Computer Program Assembly NASA Drawing

#1021100, Program Artemis.

Quantity Module A s sembly No.

2 B-21 1021100-4

2 B-22 1021100-4

2 B-23 1021100-4

2 B-24 1021100-4

Raytheon will retain the completed ropes for factory test. (Reference MIT/IL

Letter AG 258-64, 13 March 1964.)

MIT/IL directed Raytheon to wire sense lines for three modules as specified by

Computer Program Assembly Drawing #1021101 (Moon Glow):

Module Assembly No.

B-21 1021101-1

B-28 1021101-1

B-29 1021101-1

(Reference MIT/IL LetterAG 276-64, 18 March 1964.)

AGC-4B Core Ropes: MIT/IL directed Raytheon to wire sense lines for one com-

plete set, six modules, Assembly Numbers 1021100-4 as specified by computer assem-

bly NASA Drawing #1021100, Program Artemis. The ropes will be retained at Raytheon

for factory test. (Reference MIT/IL LetterAG 259-64, 13 March 1964.)

Subassembly Reliability and Qualification Test: MIT/IL requested Raytheon to

plan and conduct a parts qualification test program as described in MIT/IL Report R-389,

and prepare and submit test plans to MIT/IL 30 days prior to the start of testing. Test-

ing shall be accomplished in accordance with the requirements of qualification specifi-

cations ND 1002037 and ND 1002044 throughND 1002058 as applicable, depending upon

system usage of the particular part. Overstress testing will be performed as necessary

to establish adequate safety margins under the more critical stress developed for the

particular component. Parts involved in this program must be procured in accordance

with Class A documents and subjected to all required acceptance tests, inspection and

burn-in. (Reference TD R-125, 18 March 1964.)
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Figure I-5 shows the Apollo Guidance Computer Programming which is a con-

tinuing program.

The Inertial Measurement Unit (IMU) delivery schedule is shown in Fig. I-6.

IMU-I, 2, and 3 are development models remaining in test at MIT/IL. IMU-4 is under-

going system tests as part of AGE-4. IMU-5 is undergoing inertial subsystem tests in

the IMU Lab.

Figure I-7 shows the Power & Servo Assembly (PSA) schedule.

PSA Packaging Engineering: MIT/IL issued amendment number 2 to TD A-II8

deleting six PSA tray harness drawings (numbers 1015743 through 1015748) which were

to be prepared by ACSP. Ten additional drawings (numbered 1015764 through 1015773)

were added to the list of tray harness drawings to be prepared by ACSP from MIT/IL

wiring diagrams. (Reference MIT/IL LetterAG 239-64, 9 March 1964.)

Block I Harness and PSA End Connector Assembly: MIT/IL authorized ACSP to

conduct environmental tests and perform an engineering evaluation of the Block I G&N

Harness and PSA End Connector Assembly, P/N 1014606. AC Spark Plug will prepare

environmental test plans and procedures for MIT/IL approval in accordance with MIT/IL

Report R-389; design and fabricate test fixtures and tooling; and conduct the environ-

mental tests. (Reference TDA-223, 25 March 1964.)

The Coupling & Display Unit (CDU) delivery schedule is shown in Fig. I-8.

Environmental Tests: MIT/IL authorized ACSP to prepare environmental test

plans and procedures in accordance with MIT/IL Report R-389. Plans and procedures

shall be submitted to MIT/IL for approval. AC Spark Plug will design and fabricate

test fixtures and tooling to implement test plans after MIT/IL approval of the test plans.

AC Spark Plug will conduct and evaluate the environmental tests and submit reports to

MIT/IL within one month after completion of the tests. Two of the CDU's to be delivered

under TD A-147 will be selected by MIT/IL for environmental testing. (Reference TD

A-208, 16 March 1964.)

The Navigation Base delivery schedule is shown in Fig. I-9.

Retrofit Isolators for AGE-4: MIT/IL directed ACSP to redesign the resiliant

Retrofit isolators for AGE-4 shallmounts for cast aluminum instead of stainless steel.

consist of the following:

Quantity P/N

1 Mount, Resiliant, Rear 1899969

2 Mount, Resiliant, Front 1899970

The AGE-4 isolators are to be shipped to ACSP, Milwaukee, for use in Phase II engineer-

ing evaluation testing. (Reference MIT/IL Letter AG 206-64, 25 February 1964. )
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Figure 1-10 shows the Display & Control (D&C) delivery schedule.

Control Electronics Assembly: MIT/IL requested ACSP to constr_dct a mechan-

ical gage of the Control Electronics Assembly, P/N 1015003. The gage shall become

part of the D&C Group Hardware for the AGE-5A mechanical interface gage.

Vibration Test: MIT/IL authorized ACSP [o conduct vibration tests on one fiber-

glass shroud and cover assembly, similar to P/N 1014502. The purpose of the tests is

to determine the feasibility of using fiberglass as a replacement material for honey comb

aluminum. It is felt that fiberglass will be lighter in weight, more economical, and

will be less difficult to fabricate. If a fiberglass unit can successfully meet the vibra-

tional requirements, serious consideration will be given toward incorporating the fiber-

glass material on Command Module hardware. (Reference MIT/IL Letter AG 237-64,

ii March 1964. )

Block I Harness and PSA End Connector Assembly: As noted in the PSA section,

MIT/IL authorized ACSP to conduct environmental tests and perform an engineering

evaluation of the Block I G&N Harness and PSA End Connector Assembly, P/N 1014606.

AC Spark Plug will prepare environmental test plans and procedures for MIT/IL approval

in accordance with MIT/IL Report R-389, design and fabricate test fixtures and tooling;

and conduct the environmental tests. (Reference TD A-223, 25 March 1964. )

The Optics delivery schedule is shown in Fig. I-ll.

Failure Analysis: MIT/IL authorized Kollsman to establish a program and facil-

ity to perform analyses of failed or defective parts and material occasioned during field,

final test, or factory operations. Analyses shall be performed as deemed necessary by

the Kollsman Corrective Action Board or as directed by MIT/IL or NASA. This effort

shall include:

a) Disassembly of encapsulated assemblies to determine the cause
of failure or rejection.

b) Disassembly of piece parts to determine the cause of failure or
rejection.

c) Mechanical or metallurgical analysis of problems resulting from
field operations.

The Map & Data Viewer delivery schedule is shown in Fig. 1-12.

Condition Light Assemblies: MIT/IL requested Kollsman to supply a total of

seventeen Condition Light Assemblies. These assemblies will be utilized as follows:

i0 Assemblies for systems

3 Assemblies for breadboards

1 Assembly for Kollsman Learner Model

3 Assemblies for qualification testing at Kollsman.

(Reference MIT/IL LetterAG 168-64, 2 March 1964.)
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Figure 1-13 is the Midcourse Guidance Study, which is a continuing effort.

Raytheon's GSE delivery schedule is shown in Fig. 1-14.

Computer Test Set: The next delivery is Test Set Number 4, now expected to

occur 2 April 1964.

Computer Simulators: Simulator Number ii was delivered to ACSP 27 March

1964. This completes Raytheon's simulator deliverles.

AC Spark Plug's GSE delivery schedule is shown in Fig. 1-15.

Breadboard GSE For Block II Inertial Subsystem Test: MIT/IL authorized ACSP

to develop a breadboard GSE which will support testing of a Block II breadboard Inertial

SulJsystem at MIT/IL. AC Spark Plug will perform the following tasks:

i. Design and fabricate the following units which shall be functionally
and mechanically consis±ent with MIT/IL drawings SK-C-734000,
SK-C-734002, and SK-C-734004 supplied toACSP.

a. Test Control Panel

b. Gyro Caging - Torquing Electronics Panel.

c. Precision Set - Cardinal Point Test Electronics Panel.

2. Provide support engineering, detailed design and testing, and
detailed documentation for the above breadboard units.

3. Deliver the breadboard units to MIT/IL completed and fully tested
by 1 June 1964. (Reference TDA-220, 12 March 1964.)

Kollsman's GSE delivery schedule is shown in Fig. 1-16.

Precision Test Fixture Stands: MIT/IL authorized Kollsman to include two

stands for use with and as part of the Precision Test Fixture. Stand number 1 will be

delivered to Kollsman and number 2 will be delivered to ACSP. Stand number 1 has

already been delivered to Kollsman. Stand number 2 will be to the same design and con-

figuration as stand number I. (Reference MIT/IL Letter AG 211-64, 5 March 1964. )

GSE Certification Equipment: MIT/IL directed Kollsman to purchase and/or

fabricate parts (with the exception of Tallyvel Levels) to manufacture the following

additional GSE Certification Equipment and storage containers for supporting the below

listed GSE equipment:

Quantity Nomenclature

1 Precision Test Fixture

4 Alignment Mirror A ssembly

3 Short Periscope

All parts shall conform to Class 3 quality assurance requirements per NASA Specification

ND 1015404. This task shall be considered complete upon delivery and acceptance of the

above equipment at sites to be designated by MIT/IL as the equipment is prepared for

delivery. (Reference TDK-125, 20 March 1964.)
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Deviation Variable Wedges: The number of wedges to be delivered by Kollsman

has been reduced from sixteen to six. (Reference MIT/IL Letter AG 294-64, 25 March

1964. )

The PIP delivery schedule is shown in Fig. 1-17.

The IRIG delivery schedule is shown in Fig. 1-18.
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PART II

TECHNICAL PRESENTATIONS



Section 1

G&N FAMILIA RIZATION PRESENTATION

D. G. Hoag

The guidanceand navigation (G&N) equipment has three tasks to perform: first, the
obvious one of keepingtrack at all times of position and velocity of the vehicle; second,
to determine those major velocity changesnecessary for going from one trajectory to
another, as well as those minor corrections necessary to adjust the present trajectory
to result in more accurate end conditions; and third, to measure and control these maneu-
vers in a steering mode.

To do this requires two types of operation: (1) guidanceand (2) navigation. The
guidancefunction relates to steering control and measurements under accelerated condi-
tions. Sensing, in this case, is inertial only, except in the Lunar Excursion Module
(LEM), when optical line-of-sight data and radar data are also used. The basic output
is the control of the rockets, both in thrust magnitude andthrust direction. The navi-
gation function occurs mostly during the free-fall stage, which is the majority of the
mission time. Basic input to navigation is line-of-sight data to the near planets and stars,
although communication from the ground canenhancethe navigation function. Basic out-
puts of navigation are the position, the velocity, and any other trajectory parameters
required. The navigation function also provides conditions for guidance. The velocity
changesdue to the thrust are measured by the guidance equipmentto keepthe navigation
updatedduring the thrusting phases.

The phasesin which guidance control will occur are shownby the heavier lines
in Fig. 1-1. The operation with the Saturn, both the boost into orbit andthe boost into
the translunar phase, is under control of the Saturn guidance system, althoughthere are
some backupphasesand monitoring phasesassociated with Apollo GuidanceEquipment
(AGE). Enroute to the moon small corrections are made to arrive at the correct perilune
condition and to inject into lunar orbit. The LEM system is used for insertion into the
letdown trajectory, landing phases, ascent phases, somemidcourse corrections to achieve
correct rendezvous conditons, and maneuver into the rendezvous. The AGE determines
transearth injection and any transearth, midcourse corrections to achieve proper re-
entry andthe re-entry control. The accelerated phases, shownby the heavier lines
in Fig. 1-1,are under inertial guidancecontrol. They account for only 0.6 hour total time.
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More than 99 percent of this mission, as shown in Fig. 1-2, is under free-fall

conditions with a navigation mode of operation. These free-fall phases are shown in the

lighter lines on these charts. In low orbital phases, landmark tracking and horizon

sensing are made for navigation. Up-telemetry from the ground may occur at any phase

of the mission. Inertial Measurement Unit (IMU) alignments will be made at various times

in preparation for measuring and controlling accelerating phases as they occur, but most

of the time during free-fall the IMU is not operating. In midcourse, when well away from

the earth or moon, the star-landmark angle measurements are made by the sextant.

In the LEM, the radar is involved in navigation as well as in guidance. Radar

measurements between the spacecraft (S/C) and LEM are the basis upon which to make

velocity corrections for rendezvous. The foregoing is the nucleus of the AGE operation.

Inertial control is synonymous with the guidance phase. The gyroscope in Fig. 1-3

is essentially the same gyro that was used in the Polaris. It is slightly modified, for

the pulse torquing interface within the digital computer. The basic input, of course, is

any angular deviation away from a reference about the input axis. The signal generator

output is a measure of that rotation. The torquer provides for precession of the refer-

ence orientation. Acceleration measurements are made with the pulsed pendulum shown

in Fig. 1-4, which is very much like the Mark 2 Polaris instrument.

Three of each of these two instruments are mounted on the stable member of the

three-degree-of-freedom gimbal system shown in Fig. 1-5. The inner stabilized mem-

ber is kept nonrotating by the signals from the gyros acting through servos to the gimbal

axis servomotors. The three pendulums on the stable member with their associated cir-

cuitry measure the net velocity change of the spacecraft due to maneuver forces in the

stable member coordinates. Their interface is with the computer which operates as it

is needed during this phase.

In summary, the basic input to the inertial system is vehicle attitude and transla-

tional motions. The basic output is the translational motion signal Which is processed

in the computer. Attitude is also measured by the orientation given by IMU gimbal angle

transducers.

Unique to Apollo is the fact that one's position in space is determined during these

free-fall phases by observing the position of the earth and moon against the background

stars. The heaven of stars gives excellent directional references. Where the earth and

moon appear against that background is a measure of one's position. This is done by

making angle measurements between specific stars and specific earth and moon landmarks

or other distinct features of the two planets. Figure 1-6 represents a hypothetical situa-

tion showing the definition of conical loci of position defined by particular star-landmark

measurements. The three cones intersect at the location of the spacecraft. At the moon,

in this case, a point on the moon is not used; instead, the elevation of the star Antares
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above the lunar horizon is the angle measured. The moon is an excellent target for

navigation measurements, both optically and visually, because it has no atmosphere.

Its features and horizon are very distinct; however, this is not true with the earth due

to the atmospheric disturbances.

Looking at San Francisco Bay on a cloudless day through the sextant optleal instru-

ment, one might see something as shown in Fig. 1-7. Inside the instrument the star-

landmark images are superimposed. By his control of the instrument, the navigator

will superimpose the star image on an identifiable landmark and make the measurement

by the necessary angle set into the sextant. However, San Francisco Bay may be covered

up and since, in low orbit, one does not see much of the earth's surface, there may not

be at some particular phase of the mission any suitable landmark targets visible. For

this reason attention has been directed on the phenomenon of the illuminated horizon as

a navigation measurement. As shown in Fig. 1-8 the actual sea level horizon is not visible

from outer space due to the scattered sunlight in the dense atmosphere. At a i00,000-

foot altitude the more tenuous atmosphere scatters back the same bright blue color seen

from the ground looking up. This altitude is fortunately above disturbing clouds. The

brightness of a local area here is essentially a fixed fraction of the peak brightness of

blue light at lower altitudes. By means of photometer measurements the line of sight

to some known altitude above the actual true sea level horizon can be found. Using the

altitude thus determined with a star in our instrument, an angle measurement can be

made to provide a basic navigation measurement.

There are two optical instruments in the Apollo system shown schematically in

Fig. i-9. On the left is a sextant instrument with two lines of sight, like a normal

marine sextant. In this ease the line of sight associated with the landmark passes straight

through the instrument as it does in the marine sextant. The line of sight which is identi-

fied with the star can be articulated by rotation of the mirror about a so-called trunnion

axis and the rotation of the whole instrument about the shaft which is parallel to the land-

mark line. The light from the star enters a beam splitter and is combined with the light

from the landmark. The light from the landmark passes through a polarizer before it

enters the beam splitter so that the landmark can be attenuated with respect to the star

to get the visual constrast that is desirable to make the best measurement. Built into

the sextant are the photometric instruments: a photometer and a star tracker. The photo-

meter measures horizon brightness. The necessary star tracker uses the same articu-

lated mirror as the visual part of the instrument but otherwise uses a separate set of

optics. These components provide the automatic sensing which has been built into this

instrument.
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The SXT is a high-powered instrument; at 28-power it gives good resolution but

not very much field (I. 8 degrees). For this reason a second instrument, the scanning

telescope, having unity power and a 60-degree field, is used as an acquisition instru-

ment and for general viewing. Its line of sight is articulated in the same dlrections

possible by the sextant star line but uses a double-dove prism instead of a mirror.

Since the landmark line of the sextant passes straight through the instrument and

is tied to the instrument (and therefore tied to the spacecraft), the landmark line must

be aimed by rotating the spacecraft attitude as a whole. This is done so that the land-

mark comes into the i. 8° field of view as shown in Fig. i-i0. Then, by modifying the

shaft angle which defines the measurement plane and the trunnion angle which defines the

desired angle, the astronaut makes his measurement by superimposing the star image

onto the landmark. The acquisition of the star and landmark images in the sextant is done

by using the scanning telescope. Figure I-ii is one phase of the acquisition process which

is a simulation of what the view might be some 70, 000 miles away from the earth. (More

detail of the acquisition process can be found in MIT/IL Report R-411. ) This figure rep-

resents what might be seen through the wide-field-of-view telescope when the astronaut

has reached a situation where he has acquired both the particular landmark and the star.

He can then move his eye to the sextant and see the star superimposed on the background

landmark, Fig. 1-12. Here the star appears near the Isle of Pines off Cuba. He can

move the background field by changing the spacecraft attitude by application of few small

attitude jet impulse commands. The only requirement is that he keeps the landmark tar-

get within the sextant i. 8° field and preferably near the center where the resolution of

the optics is better. His attention can be focused to control the movement of the star over

on top of the landmark. When superposition is achieved he pushes a "mark" button which

signals the computer to record both the angle in the sextant and the time of measurement.

During orbital conditions as represented in Fig. 1-13 the landmark features pass

beneath at too high an angular velocity to use the two-line-of-sight instrument success-

fully. In this case, though, the error in direction to landmark is not so important as it

is when the sextant is used farther away from the planet. Therefore, a single-line-of-

sight instrument is used to visually track the apparent motion of the landmark as it passes

beneath. Landmark direction is measured through the telescope angles with respect to

the spacecraft and to the operating IMU to provide the measure of spacecraft orientation

in space at this time.

Figure 1-14 depicts the major subsystems of the G&N with subsequent figures

illustrating the various modes of operation. In Fig. 1-14, the two optical instruments,

the sextant and scanning telescope, are shown at the upper right together with the auto-

matte star tracker and photometer. The optics are mounted on a common base, called

the navigation base. This navigation base is also the support for the IMU and is flex-

ibly mounted to the spacecraft. The base provides a rigid framework in which angles of
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the IMU and angles of the Optics can be related to each other without being disturbed by

spacecraft flexure. Shown are two sets of identical coupling data units (CDUs) which

are communication devices between measured angles, the computer, the stabilization and

control system, and the astronaut. In the case of the inertial CDUs three units are asso-

ciated with gimbal angles read out from the three-degree-of-freedom IMU. In the case of

the optics, the two CDUs are associated with the optical shaft and trunnion angles. AGC

in the figure represents the Apollo Guidance Computer. The AGC DSKY stands for Dis-

play and Keyboard which is the astronaut's communication with the computer. Using this

format for description, the system may be used in the following ways.

To use the inertial equipment the inner member of the IMU has to be aligned to a

spe-cific spatial orientation. There are two phases of this alignment. Figure 1-15 shows

the coarse alignment phase. Although other means are possible it is assumed here the

astronaut has told the computer what the vehicle attitude is. The computer works out

desired IMU gimbal angles that it wants the IMU to assume and transmits those via the

inertial CDUs. The IMU gimbals then come around to the angle the computer desires

within a second or so through a very fast servo. Those angles may be in error by several

degrees because of spacecraft motion, poor knowledge of proper vehicle attitude, and

possibly other reasons. The equipment is then put into the fine alignment phase shown in

Fig. 1-16. In this case the astronaut, through the high-powered sextant tracks a star on

the articulating line. He has a control stick which operates through the optical CDUs and

changes mirror angles in a tracking loop as shown. When he is on the star he sends a

"mark" signal to the computer which says the computer should read those star angles

(angles of the star with respect to the navigation base). The computer can determine the

orientation of the navigation base and then through the inertial CDUs read the present IMU

gimbal angles. Ifthose gimbal angles are not correct for the measured attitude, the com-

puter determines what gyro precessional torquing is necessary to correct IMU orientation.

Sinee one star gives only two degrees of freedom of orientation information, a second star

sighting would be needed to complete the alignment.

Once the IMU is aligned it can be used for guidance and thrust control as shown in

Fig. 1-17. Here acceleration signals from the accelerometers are operated upon in the

computer by a set of stored equations which determine the commanded direction of the

vehicle thrust desired. The attitude that is commanded is compared with the IMU measured

attitude within the inertial CDUs. The difference or error is sent to the stabilization con-

trol system which effects a change in thrust direction. The resulting attitude and motion

is fed back to the IMU to close the loop. When the correct velocity change is achieved the

engine is shut down by command from the computer.

In midcourse, navigation measurements are made by using a star and a landmark,

which is illustrated in Fig. 1-18. The sextant is used as a two-line-of-sight instrument.

The astronaut has two tasks to perform, the first to command vehicle attitude through his
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control stick. This change in attitude is then fed back to the navigation base and rotates

the landmark line so that the landmark is within the field of view of the instrument. Then,

using his other hand to operate the optical CDU's, the second task is performed, that of

changing the mirror angles until the star image and landmark image are superimposed.

When he has done that successfully, he pushes a mark button (not shown) and tells the

computer to read the angle. The computer reads that angle and reads time and then uses

this single angle measurement to update the navigation.

The photometer shown in Fig. 1-19 is involved in the earth-illuminated horizon

navigation. When the photometer has satisfied itself through its automatic features that

it has the proper properties of the brightness of the local area of the horizon it sends a

mark to the computer. The astronaut first acquires the star and the star tracker then

automatically points to the star in a closed loop through the optical CDUs. The astronaut's

task is to observe through the scanning telescope such as to set up the problem approp-

riately. He must be sure the plane of the angle being measured is perpendicular to the

local horizon. He must achieve this by a spacecraft maneuver. When he has accom-

plished this task the computer will accept the automatic mark when it arrives, and then

read the star horizon angle. In all eases the pertinent data can be displayed.

In low earth orbit or low lunar orbit the single-line-of-sight instrument is used

as shown in Fig. 1-20. In this case the IMU is also involved as an altitude reference.

It must be initially aligned (ref. Figs. 1-15 & 1-16) so that the computer can have know-

ledge of the orientation of the navigation base with respect to this prealigned coordinate

frame. Utilizing the scanning telescope, the astronaut can perform the function of land-

mark tracking. Upon obtaining the landmark on the telescope cross hairs he "marks"

this information into the computer, which causes the computer to read the angle of the

landmark with respect to the navigation base and the angle of the aligned stable member

with respect to the navigation base. The computer then processes the information as

appropriate for navigation updating.

The next several figures refer to some automatic modes which will become partic-

ularly important in early unmanned flights. An automatic IMU alignment mode is possible.

This requires the IMU be on and not have drifted any farther than the i/2 degree provided

in the field of sensitivity of the automatic star tracker. In the acquisition phase shown in

Fig. 1-21, the IMUfs present angles are measured by the computer from which the expected

direction of the star is put into the star tracker mirror. When the star tracker is within

this i/2-degree field of view a "star present" signal is sent to the computer and the mode

shifts over to the automatic tracking phase shown in Fig. 1-22. The star angles are sent

to the computer. From a comparison of actual gimbal angles the correct torques are sent

to the gyros to correct the alignment periodically. The automatic operation is dependent

upon continuous IMU operation and alignment updating often enough as constrained by the

sensitive acquisition field of the star tracker.
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With the IMU to do the control the astronaut would otherwise have to do, the atti-

tude of the spacecraft can be controlled in a manner to achieve the photometer measure-

ment shown in Fig. 1-23. That can be done using the illuminated earth horizon or also

against the illuminated lunar horizon.

It is evident that star occultation with the moon time measurements can also be

done using the star tracker as another automatic navlgation measurement (not shown).

The chronological weight status of the G&N equipment is shown in Fig. 1-24.

The weight scale is the ordinate; the abscissa is time, starting in September 1961 when

MIT/IL made the requested proposal to develop the Apollo G&N. Intermittent reports

were made until November 1962 at which time reporting was put on a monthly basis.

This is a cumulative representation in which the top line is the total. The numbers on

the chart represent the weight of each item to the nearest tenths of a pound. There is a

vertical dashed line which represents the change from Block I to Block It in January 1964.
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Section 2

THE COMMAND MODULE INSTALLATION

R. W. Gras

Figure 2-1 shows the Command Module Lower Equipment Bay where the Guid-

ance and Navigation (G&N) Equipment will be installed. Shown in this figure are the

pressure vessel penetration holes for the Sextant and Scanning Telescope; also shown

are the forward shock mounts installed and the beam to receive the rear shock mount.

The spaces around the central space are for the Coupling and Display Units (CDU) and

the Power and Servo Assembly (PSA), Computer and other electronic or control equip-

ment.

Figures 2-2 and 2-3 prevent cause-and-effect flow grams. The numbers in

circles indicate that the items so labeled are original requirements from which flow

secondary requirements and the solutions used to meet the requirements.

Item (1), for example, starts with the requirement that the Sextant (SXT) and the

Scanning Telescope shall be accurately aligned with the Inertial Measurement Unit (IMU}

and with each other. The G&N solution used was to mechanically tie these units togeth-

er with a rigid structure consisting of two parts, i.e. the Beryllium Nay. Base and the

Beryllium Optics Base. Since the solution bulks these components together there is a

secondary requirement imposed on the Command Module in the form of Bulk Space Al-

location which necessitated a large compartment in the Command Module.

Items (2) through (8) are self-explanatory.
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Section 3

1'11,;±i_r_ri1±_b _ur_SYSTEM

J. E. Miller

The Inertial Subsystem (ISS), one of the three major subsystems of the Apollo

Guidance and Navigation system, consists of the Inertial Measurement Unit (IMU), the

Power and Servo Assembly (PSA), the Coupling Data Unit (CDU), and the associated dis-

plays and controls. Other sections in this report will describe in detail each of these

component parts.

The IMU has a stable member which has 360 degrees of freedom, with respect

to its case, about each of its three axes. On each axis there are two DC torque motors.

The angular deviation sensors are the size 25 IRIG's, and the accelerometers are three

16 PIP's. Both of these components will be described in more detail later. The angle

information chain, which is used to determine the orientation of the stable member coor-

dinates with respect to inertial space, consists of a 1-speed and a 16-speed resolver on

each axis of the IMU. These resolvers, in conjuction with the CDU, serve to transmit

angle increments of the stable member coordinates to the computer. The PSA consists

of ten trays of electronics: eight of these trays are devoted to the IMU; two of the trays

are devoted to the optical subsystem. The CDU's serve dually as an angle junction box

between the IMU and the computer as well as between the optical subsystem and the com-

puter. The display and controls associated with the IMU allow the astronaut to visually

determine the mode of the ISS or to control the mode of the ISS through a series of manual

buttons.

Most of the interfaces of the ISS between its subsystems and with the spacecraft

are shown in Fig. 3-1. There is the mechanical interface, which will be described later;

the astronaut has an interface with the Inertial Subsystem; the computer has an interface.

The ISS generates the attitude signals and, in conjunction with the computer, steering

signals which go to the stabilization and control system.

In order to frame the later presentations of the PSA, the moding control of the

ISS, the mechanical design of the IMU, and a description of the gimbal servo power sup-

plies, it is well to recall some of the ground rules when the design for the guidance and

navigation system started.
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Tile first ground rule was to use state-of-the-art components. As an example,

Kyroscopcs and ..... _...... *_ ,.................................... were used, which ...... +_- a ,r-_1o_1_, with little mod-

ification to their design. The system was designed for backup operation for a signal

failure. As an example, power supplies were designed with a free-running multivibrator

_yIIL2/'U[IIkS_I to LII_ tJUIII[JLIL_i" bLiCl-I LII_LI, bll_ ±U_ UJ. tll_ %UIIIpLI_J. WU_J.u I1_ b C_USC a zcxzz_cx _.

of the power supply. The system was to have a capability for inflight diagnosis of fail-

ure with module replacement in the PSA. The system was to have an emergency opera-

tion condition at zero pressure for three or four days. Like the modern woman the de-

sign was very weight-critical and power-conscious.

The system had a very rapid design-release schedule. At the time the program

was started in 1961, the first flight was scheduled for November 1963. Also, early in

the program the Command and Service Module was to land on the moon. Furthermore,

after starting the design of the guidance and navigation system, the LEM concept was

introduced. Much of the discussion to follow, about the components of the Apollo Guid-

ance and Navigation system, will be framed around the Command Module interface con-

straints. The next series of presentations will frame the description of the present de-

sign including how the ground rules have affected the design, the present performance,

the problems encountered, and the status today.

This section will begin with a description of the development cycle for the IMU.

The same development cycle has been carried over throughout the guidance system.

Five IMU's, designed for particular uses, have been built at MIT/IL. The first one,

IMU #1, was a thermal system used for evaluation of the temperature control system of

the IMU. This IMU was incomplete in a number of aspects, but it did contain the inertial

components (gyros and pendulums) so that it was a thermally identical system to the

operational IMU. IMU #2 was a mechanical system built for environmental testing. No

real gyros and accelerometers were included with this system. Instea d, it was used

throughout the program of environmental testing, which included vibration. This will be

described in detail later. System #3 was an electrical system used for the development

of the gimbal servos. IMU #4 was the first inertial measurement unit to be completely

married with the other parts of the Inertial Subsystem. This system actually started

running in May 1963. There are many hours on this system as will be shown later. The

fifth system is a flight-worthy configuration built to the Class A drawing releases designed

at MIT/IL. This system is presently in operation.

The inertial components used in the IMU will be discussed next. The accelero-

meters used in the IMU are the 16 PIPA accelerometers as shown in Fig. 3-2. It uses,

as its inertial sensor, a single-degree-of-freedom pendulum very similar to that which

_s used in the Polaris Mark It system. Those who are familiar with that pendulum might

notice some of its differences. In particular, the Polaris pendulum has a one-gram-

centimeter pendulosity, while in Apollo a one-quarter-gram-centimeter pendulosity is used.
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The Polaris accelerometer gives a maximum g capability of about 4 g's whereas the
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that the 16 PIP contains a tapered rotor which gives both axial and radial suspension to

the float with respect to the case. This pendulum is flange-mounted near the end and

has a two-degree-of-freedom motion with respect to its muunting ................±_ang_. lnis p_rnitt_

prealignment of the pendulum with respect to its mounting flange prior tO its insertion

into the stable member of the IMU.

Another significant difference between them is that the torque generator of the

Apollo PIP contains a reset coil wound around the stator of the torque generator. This

coil, excited by the microsyn excitation of 3200 cps, serves to reduce the stored resid-

ual magnetism in the circumference of the stator of the torque generator. Figure 3-3

shows an unpotted stator of the torque generator with the reset coil. The 16 PIP developed

in the Miniature Components Group at MIT/IL is under contract to Sperry Rand Corpora-

tion for the production of these components. Figure 3-4 shows the Apollo PIP require-

ments and delivery schedules. As can be seen from this chart, the Sperry actual delivery

date is very close to the readjusted schedule. The significant portion of this chart is that

the actual delivery is considerably ahead of the system requirements for pendulums.

The accelerometer operation is shown in Figure 3-5. As has been previously

stated, the 16 PIP is a prealigned assembly such that the orientation of the input axis

with respect to its mounting flange is known with a high degree of accuracy. The portion

of the accelerometer mounted in the IMU on the stable member is the 16 PIP and its sus-

pension network. The operation of the accelerometer is best described as follows. It

is a binary system. The signal information is generated from a signal microsyn excited

from the 3200-cycle-per-second power supply which is clock-syncronized with respect

to the computer. Angle information, the angle of the float of the pendulum with respect

to its case, is transmitted from the signal generator to the PIP preamplifier also located

on the stable member. A differential signal is transmitted from the stable member into

the PSA to the AC differential amplifier. This amplified signal is transmitted to the

interrogator where an interrogation pulse from the computer, phase-locked to the 3200-

cycle microsyn excitation, is used to determine the phase of the angle of the pendulum

with respect to the case. The interrogator asks only one question - is the torque applied

in a direction to restore the float ankle to zero? If not, switching networks inside the

interrogator are set up so that when a switching pulse arrives a command is sent to the

current switch to change the direction of the torque. The torque is applied through the

PIPA calibration module into the V-type torquer located on the PIP. The command to

the current switch is only to change the current from the odd poles to the even poles.

Current is maintained constant through a DC current loop, whereby the current through

the torque generator is compared to a precision voltage reference and its error signal

is amplified through the DC differential amplifier to close the current loop. This is a
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high-precision, ultrastable, DC source. The loop is thus closed to maintain at zero the

net torque in tillsacceierometer. The ez_ctz'umagneLic........................wz quc is maill_d_L_u_ t:UH_LdHt..........

atld only time-switched synchronous with the interrogation pulses from the computer.

Thus the net number of N-pulses minus P-pulses serve as velocity increments transmitted

to the Apollo guidance computer. A forward-backward counter, with a capacity of three,

is used to reduce to zero the moding as seen by the Apollo guidance computer.

The angular deviation sensor, used in the IMU, is the Apollo 25 IRIG, shown in

Fig. 3-6. It is a modification of the Polaris MOD II gyro. Apollo has one source for

the production of these gyroscopes, that is AC Spark Plug. Apollo gyro production

started in December 1962 and should have ended by now, but deliveries are about two

months behind schedule. The significant fact is that gyro procurement, while behind

schedule, is nonetheless ahead of the system delivery requirements.

The Apollo gyro differs from Polaris in a number of minor ways. The only item

of significance is in the torque generator. The torque generator is a V-connected torquer

similar to that of the 16 PIP, such that, for the fine alignment mode, it can be pulse-

torqued to align the inertial reference system to a desired orientation. What has been

added to this gyroscope is a set of prealigned hardware, as shown in Fig. 3-7, which

goes with the gyro and contains suspension capacitors, an end mount heater, normaliza-

tion for the temperature sensors, and normalization for the transfer function of the

gyroscope. The addition of this prealignment hardware has had significant bearing in

our ability to obtain repeatable gyroscope performance from the component when on the

test stand to that obtained when assembled in the system.

Figure 3-8 is typical of the results that have been obtained. The data for this

gyro in ISS #4, made at MIT/IL, serial #66, had a bias drift of 24 meru at aceeptance.

The first time itwas tested in ISS #4, its bias drift was measured at 23 meru. It should

be noted that, at this time, there were 1525 hours on the wheel. The gy1*o was removed

from the ISS and checked on the corrlponent level where the bias drift was measured at

27 meru. At this time there were 1700 hours onthe gyrowheel. At the present time

this gyroscope has 2281 hours on the wheel. Examination of the other two gyroscopes

in ISS #4 will show the same type of result. In fact, the RMS values for all three gyro

terms, for each of the three gyros, are within about 3 meru when comparing the system

test with that of the component test. A reliability program is being conducted for both

of the inertial components; that for the gyroscope at AC Spark Plug, and for the 16 PIP

at Sperry Rand Corporation. The gyro reliability

has been underway for three months. The 16 PIP

measure accelerometer performance until April.

programs there is a third inertial component data

program, measuring gyro performance,

program at Sperry will not start to

In addition to these two reliability

tabulation program being condueted

by MIT/IL. This is a program which collects all data on all the gyros and accelerometers

that are in the Apollo system. That is, any time a component is tested either as a
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component or in the guidance system, these data are reported directly to MIT/IL. 'rhrough

thi_ px_ogram and the reliability programs a performance prediction of the inertial com-

ponents will be maintained. The capability of the Apollo 25 IRIG has yet to be demon-

strated in its fullest capacity.

Figure 3-9 shows how stable the gyroscope can be made. This is a test on an

Apollo 25 IRIG. The orientation of the gyroscope was with its input axis North and spin

reference axis down. The gyro mounted on the single-degree-of-freedom table had a

constant DC torque applied to balance the earth rate input and any bias drift and accel-

eration sensitive drift along the spin reference axis. Once this DC torque was established

it was held constant and from then on the performance of the gyroscope was measured.

The equivalent drift rate of this gyroscope over a period of 120 hours -- equivalent to a

flight to the moon and back -- was less than 0. ii meru. This is equivalent to 720 seconds

of are drift over this 120-hour period.
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Section 4

IMU MECHANICAL DESIGN (BLOCK I)

A. J. Boyce

Figure 4-1 is a very brief description of the mechanical design of the Inertial

Measurement Unit (IMU). It is a 3-axis system with unlimited motion on each axis. The

inertial components and the resolvers on each axis are prealigned prior to assembly on-

to the IMU. It has a 14. l-inch spherical diameter, is 18.8 inches long and weighs 60 ibs.

The rest of this really is a description of what the interface might be to somebody else.

There is a case heat exchanger that carries the glycol water solution for coolant. It has

two quick disconnects. This connection is made up by a flexible hose because of the sway

of the shock mounts during accelerations. There are four 32-pin electrical connectors

which connect the IMU to other parts of the G&N system, not directly with the spacecraft.

It is aligned to the Nay base through four mounting pads which form a plane and two align-

ment pins which control the third axis of rotation.

Figure 4-2 shows IMU-5. There are four stainless steel, hardened pads, assem-

bled to the case under the bottom flange. They are ground and lapped after all the other

machining has been completed. This gives a plane reference parallel to the outer axis.

The figure does not indicate it, but at the left end there is a slot and a hole aligned per-

pendicular to the outer axis. The alignment to the Optics is accomplished using this plane

and a line through the center line of alignment pins in this slot and hole.

A cooling connection with the protective cover attached is shown in Fig. 4-3.

From the quick disconnect the coolant flows through the integral coolant passages, over

to the other side through a crossover tube, through another integral coolant passage, and

then out through another connector on the other side. There are four electrical connectors,

two at each end of the outer axis. At zero pressure the IMU will not operate because of

temperature control problems. There are two blowers attached to the outer gimbal to

circulate air to bring the heat from the stable member out to the heat exchanger. If

there were an internal vacuum there would not be any heat transfer since the blower would

have no air to circulate. There are "O" ring seals at each end cover and at each of the

top and bottom covers. Also, the electrical connectors are hermetically sealed. The

next step (Fig. 4-4) shows the middle axis and the inner axis; typical gimbal wiring is

clearly shown as are two ADA's and their preamplifiers forthe middle and outer axes. Final-

ly, Fig. 4- 5 has half the middle gimbal removed showing the three gyros assembled on the
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Fig. 4-5 
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stabilized member. The three PIPs are not visible in this view, but there is a clear

picture of some of the gimbal-mounted eleetronlc_. _nd nne nf _ha TRT(_,nT'a_l_anman+

pins.

The present status of the Block I IMU is shown in Fig. 4-6. All the drawings

have been released to the participating contractor. All Procurement Specifications, the

Assembly Test Procedures, Final Test Methods, etc., have been released, or are in

process of being released, through design review or change control. MIT/IL has com-

pleted the display model, the vibration model and the thermal model. These early units

are not as detailed as the mechanical integrity unit or the thermal systems. They are

made up with the stable member just being a representative mass of the stable member

-in the final system, but can be fabricated faster with substitute materials so that very

early information may be obtained. Systems 1 through 5 have also been assembled. AC

Spark Plug has a learner model and their System 6 completely assembled with Systems

7, 8, and 9 in progress.

The mechanical problem areas being worked on now are given in Fig. 4-7. On

case brazing, the problem is maintaining the specified leak rate which is a NAA require-

ment of 5 x 10 -8 cc of helium maximum. The unit previously shown in Fig. 4-2 has the

coolant coils fully brazed to the case. The area around the coupling is where the greatest

problem has been found. In checking after the brazing and heat treatment of the case we

have been unable to meet the required leak rate; consistently we have been meeting about

1 x 10 -5 cc in four cases out of five. It is questionable as to whether 5 x 10 -8 is a realis-

tic requirement; there has been some work done in the thermal ICD area to reduce this

leak requirement to 1 x 10 -6, in which case there would be less rejects, but we would not

expect to meet this in every oneofthe cases.

It has been proven that it does hold pressure over some 10 to 12 hours, but will

not hold helium. If the procedures cannot be worked out for maintaining this pressure,

using brazing techniques, there are two things that could be done. One, use the roll

bonding material which originally was to be used, but because of various problems was

not used in these first Block I systems. At this point the roll-bond material could be in-

corporated. Another thing that ACSP has been looking at is pre-forming an aluminum

tube into a serpentine shape and brazing it to the case. There are now two hydroformed

pieces brazed together with the brazed joint making up the seal between the atmosphere

and the coolant passage. Integral tubes are being recommended, that are formed and

brazed to this case. Further discussions on this problem are scheduled with ACSP.

The case insulation is not a requirement for temperature control, but is required

because of the cold surfaces on the case and the high relative humidity in the spacecraft

interior to prevent condensation from dripping or floating through the atmosphere. There

is not at this time a drawing or design specification as far as surface temperature or dew

point.
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IMU MECHANICAL PROBLEMAREAS

1. Case Brazing

A. HX Leaks

2. Case Insulation

A. Condensation

3. Vibration

Ae

B.
C.
D.

High Magnification - Low Damping
Stub Shafts - Failure & Redesign

Bearing Nuts- Vibration Damper
Stabilized Member- Vibration Damper

Fig. 4-7
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There is a vibration problem in the IMU because of high magnifications in the

system at the resonant frequency of about 130 cps. This high magnification is due to

low natural damping in the assembly.

The first time the vibration model was shaken there was a fairly high magnifica-

tion at the resonant frequency. Then the mechanical integrity system, IMU-2, was shaken

and a magnification of about 15 was measured on the stabilized member with a 1 g, 20-

2000 eps, sinusoidal sweep input to the ease flange. After some rework on the vibration

model, itwas shaken again, and during this test the assembly did not have this high

magnification.

It was found, while shaking IMU-2 and IMU-5, that each had about the same re-

sonant frequency of about 130 cps, which indicates that both have about the same magnifi-

cation.

]Because of the high transmissibility of the assembly, there are higher loads on

some of the parts than had been anticipated, in particular the stub shafts. There were

stub shaft failures on IMU-2; these were fatigue cracks. Two things can be done to cor-

rect this; one is to make the parts stronger, the second is to eliminate the problems of

vibration by adding vibration dampers. We have been concentrating on the second method,

but immediately made a change to improve the parts by eliminating three holes which

caused a stress concentration and increasing the web thickness. At the same time we

started looking at various vibration dampers, built into the nuts at one end of each axis

or an absorber on the stabilized member.

Many tests have been run on the vibration model to determine why the transmissi-

bility changed from one test to the next. It has been found that, by shaking along the Z

axis, with a load applied perpendicular to the outer axis, on the floated end, the friction

damping between the two parts is changed and as a result the transmissibility has been

varied from approx. 6 to 35 with the resonant frequency varying from approx. 150 to

100 cps. If the floated end is fixed, we have gotten the 35 magnification at 100 cps.

The results of the tests on the vibration model show that the transmissibility is

very high with no radial load, it drops to approximately 6 as the radial load is increased

to 70 lbs., and it again increases as the radial load is increased above the 70-1b level.

This indicates that a damper built into the bearing nut will theoretically control the damp-

ing to give the lowest transmissibility. It remains to be demonstrated that a device can

be fabricated in the volume available to do this job.

A tuned vibration absorber on the stabilized member with a 1/4-1b resonating

mass will theoretically reduce the transmissibility. Tests on IMU-2 with a preliminary

absorber design mounted on the stabilized member have resulted in a reduction in trans-

missibility from approx. 15 to i0.

96



IMU-2 will be rebuilt from what hasbeen learned on the vibration model and tests
will be run next month.

The entire vibration problem may be eliminated when results are complete on
vibration tests on a Nay base, optics, IMU assembly mountedon shock mounts. Ear]y
tests have shownthat the shock mounts reduce the 1-g input to approximately 1/8-g at
the IMU flange in the frequency range of 100to 150 cps whenthere is no thrust load on
the mounts. Additional tests will be run in about a month during which thrust loads will
be added to the mounts during the vibration. The results of the tests will determine the
maximum vibration input to the IMU flange.
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Section 5

BLOCK I INERTIA L SUBSYSTEM(ISS)

J. H. Flanders

This presentation of the Block I Inertial Subsystem will encompass two areas.

The first will be a description of the Operational Modes, the Coupling and Display Units

(CDU), and their associated resolver chain. The second will relate to ISS operational

performance and will include an appraisal of its current status compared to Block I per-

formance objectives.

In addition to the Block I ground rules cited by John Miller, it is important when

considering the Apollo Inertial Subsystem to remember three factors that make it differ-

ent from the inertial equipment in the typical ballistic mission. First, in the Apollo

mission the inertial measurements are used intermittently to monitor relatively short

velocity changes between comparatively long, free-fall trajectories. If the first propul-

sion phase does not achieve final mission Circular Error Probability (CEP) there will be

an opportunity to correct these errors later in flight. Secondly, the inertial reference is

needed to supply an attitude reference for a series of untried manuevers, such as the

entry maneuver, the lunar orbit rendezvous, and the safe landing of the LEM in a hard

vacuum. Finally, the inertial subsystem is not fully automatic; the astronauts play a

key part in initiating and executing the maneuvers.

The CDU is an ideal location to start the discussion of the operational modes.

Figure 5-1 schematically represents a CDU, showing its various components, particular-

ly the slew switch and thumb adjustment wheel which permit the astronaut to set a dial

indication in the manual CDU mode. The digital pick-off gear and the digital pickoff

head are the means of informing the computer what is happening to the two sextant angles

and the three IMU angles which are being tracked by the five CDU's mounted on the panel

shown in Fig. 5-2.

The basic electro-mechanical nature of the CDU is a consequence ofthe Block I

ground rule which called for existing techniques and components. Also interchangeability

of the CDU's in the Optics and in the IMU was a requirement for reliability.

In the sextant trunnion axis of the optics application, a l-speed and 64-speed ratio

is used which, combined with the encoder scaling, gives a trunnion axis bit size of 4.95

seconds of arc per bit. The sextant shaft axis of the optics application has the same bit

size as the IMU applieation, namely 39.6 seconds of arc per bit. In order to provide
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achieved by cosecant resolution of the trunnion axis and resolving the drive signals

through the shaft axis angle.

Each CDU has a motor-tach unit with a dynamic range of 1200 to i. The minimum

line-of-sight rate of the trunnion drive is 25 seconds of arc per second of time.

The Block I CDU's have been subjected to several qualification tests. Five CDU's

have been vibrated in a 10-g rms environment in a standard rack assembly similar to

that in the command module. They have been subjected at ambient pressures to temper-

atures ranging from -50°C to +100°C. They have passed these tests, except for some

minor wiring failures which are being corrected. Two qualification tests still to be done

are the life test and the minimum pressure (vacuum) operation.

Having described the individual CDU, the operational modes can now be explained.

In the Fine Align MDde shown schematically in Fig. 5-3, the CDU acts basically as a

repeater. The 16-speed and l-speed resolvers in the IMU act as transmitters to the

resolvers on the CDU's shafts separated by a 16 to I gear ratio. Any error signal thus

generated passes through a selection circuit to an amplifier that drives a motor-tacho-

meter combination until the CDU position matches that of the IMU. Meanwhile, the en-

coder, with a quantization of about 40 are sec per pulse, sends pulses to the AGC to

keep the AGC informed of the angles.

Using the same figure, the Zero-CDU Mode can be illustrated. Its purpose is to

synchronize the AGC registers and the CDU's. The Zero-CDU Mode switch is energized,

informing the AGC of the new operating mode. The inputs to the CDU's are removed and

an electrical zero placed on the CDU stator windings. The CDU's slew to their zero

positions, putting the encoder and the AGC, which has cleared its registers, into synchro-

nization. If any different mode is now commanded, the CDU's will start to count to the

IMU gimbal positions and the AGC will track the CDU's correctly. To recapitulate, in

the Fine Align Mode the CDU's are slaved to the IMU resolvers; in the Zero-CDU Mode,

the CDU's are held at their own electrical nulls.

In the Coarse Align Mode shown in Fig. 5-4 the positions of the CDU shafts are

controlled by the AGC. Pulses with the same quantlzation of about 40 arc see per bit,

mentioned previously, are sent out by the AGC to the three IMU CDU's. The difference

between these commanded pulses and the actual position pulses from the CDU's go through

a digital to analog conversion to produce an 800-cycle error signal that moves the CDU

shaft to the position commanded by the AGC. This error is not used for steering pur-

poses but is rerouted to the IMU gimbal servo. This is the basis for the Coarse Align

Mode wherein the objective is to set the IMU gimbal angles with respect to the spacecraft

to within a tolerance of about one degree. When the l-speed resolver on the IMU glmbal

and the 1-speed resolver on the CDU are in approximate synchronization, the coarse

alignment has been completed.
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In the Attitude Control Mode, Fig. 5-5 shows the resolver chain functional dia-

gram to obtain steering control. The 1-speed resolver signal is used as a steering

error signal to the command module stabilization and control system. This steering

signal is in IMU coordinates and is transformed through the resolver chain into useful

steering signals. The computer, in response to a variety of steering programs, gener-

ates in IMU coordinated angles the desired commands to the CDU's. Any differences

between the spacecraft attitude angles and the pickoffs by the 1-speed resolvers generate

properly coordinated steering signals. Because of the half-cone angle that the IMU

occupies in the spacecraft, these steering signals must pass through a fixed transforma-

tion into spacecraft X, Y, and Z coordinates. After the inner and middle gimbal steer-

ing errors have been resolved through the outer gimbal angle, the outer and middle gim-

bal steering errors are resolved into the roll error body and yaw error body coordinates.

Thus the pitch error, yaw error, and roll error are delivered as attitude error signals

to the S/C system.

The Entry Mode differs from the preceding in two ways. First a different coordi-

nate system is used because the principle rotations in the entry maneuver occur about the

steady-state velocity vector which is aligned along the X-axis of the navigation base.

This need not be resolved through the fixed transformation process but is used in the so-

called offset axis system. The pitch attitude is not handled any differently than before.

Also the pitch and yaw error signals are still resolved through the outer gimbal angle.

Once this is done, the roll and yaw errors are in the offset axis system. But, because

of the required rapid roll rates for path and entry control, a gain change of 16 to 1 is

obtained by switching over to the 16-speed resolver in the CDU to generate the error

signal. The computer also is switched to a 16 to i scale factor to get the necessary in-

crease in the command rate.

In the Manual CDU Mode, the astronaut can position the CDU to any desired posi-

tion with the combination of the slew swlteh and thumb wheel. This motion of the CDU has

no effect on the inertial stabilization of the IMU until an "align" button is actuated to

position the gimbal angles to the values set in the CDU, similar to the manner of operation

in the Coarse Align Mode.

The performance of the Inertial Subsystem (ISS) is covered by an Assembly Test

Procedure that was released Class B in May 1963 and Class A in January 1964 (Fig. 5-6).

Both System 5 at MIT/IL and System 6 at ACSP are being tested in accordance to this

document. There are three broad eategories of tests. The system is operated to see

that it conforms to specifications. The alignment is cheeked to determine gimbal ortho-

gonalities, 16-speed resolver aceuracies_and the alignment of the gyros and aecelero-

meters with respect to the stable member eoordinate system. The inertial performance

of the ISS with respect to gyro coeffieients and the PIPA seale factors, and bias, is again

checked for correlation with previous history with particular emphasis on stability.
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INERTIAL SUBSYSTEM ASSEMBLY TEST PROCEDURE

(I S SIATP # i, 015,947)

Class B Release, May 1963 for I SS # 4

Class A Release, January 1964 for ISS # 5 On

BROAD CATEGORY OF TESTS

OPERATIONAL

ALl GNMENT

CALl BRATI ON

Fig. 5-6
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The results of some tests on ISS-5 are shown in Fig. 5-7. After about 700 hours

of opcration ISS-5 was subiected_ to_ __ _.._.,_-e _*_ of about 3-1/2 gTs rms between I0 and

i000 cps to determine how much the orthogonality of the unit might shift. As shown in

Fig. 5-7, the non-orthogonality remained well within specifications both before and after

the shake test.

The zero-shift of the 16-speed resolvers due to shift and/or inspections is shown

in Fig. 5-8. While the units were approximately within specifications before the shake

and no special effort was taken to resolve this difference, it is questionable that the

discrepancies after the shake were caused by the shake. The gimbal covers were re-

moved after the shake to check for any loose parts or possible damage. It appears that

the removal of the covers and reassembly might be the source of the shifts because this

same effect was observed on another set of resolvers when subjected to inspection only

and not to any shake. So there is less concern about the effects of the shake than there

is about the possibility that the alignment measurements might have to be repeated if

the gimbal covers are removed for inspection.

The PIPA scale factor stability is shown in Fig. 5-9. The nominal values are

shown for each axis (X, Y, and Z) as well as the values before shake, after shake, and

later as a factor of time, together with the departure of each from the nominal value.

Effort is continuing to reduce these departures below the 1-sigma value of i00 parts

per million.

The noncompensated bias drift (NBD) of the gyros in ISS-5 are shown in Fig. 5-10.

The acceptance figures were taken in January 1964, the shake figures in February, and

the last column figures are for March.

These inertial components, both the PIPA's and the gyros, are to be removed

and returned to their respective test stations to attempt to repeat correlation between

the subsystem test data, and the component test station data. After re-lnstallation of

the inertial components in IMU-5, the subsystem tests will be repeated.
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Section 6

GIMBAL SERVOS, POWER SUPPLIES &

IMU #3 DEMONSTRATION

M. Kramer

The function of Inertial Measurement Unit (IMU) #3 is to evaluate and optimize

the electronic circuits that were designed to instrument the electro-mechanical com-

ponents of the IMU; viz., the three platform servos, the AC and DC power supplies, and

the failure indicator. A special test table, capable of driving the case of the IMU at a

rate of up to i00 rpm around an axis perpendicular to the IMU outer axis, supports the

case. The design-released circuits were packaged on plug-in boards to facilitate evalua-

tion measurements and maintenance.

The circuits are interlocked so that the system comes on coarse-aligned while

the Inertial Referenee Integrating Gyro (IRIG) wheels are coming up to speed. In "coarse

align" the gimbal orientations are controlled by command angles generated in manually

operated Coupling and Display Units (CDU). When the wheels are up to approximately 80% of

their synchronous speed, the system can be switched over to the "inertial reference" mode.

Absolute values and variation in wheel speed, temperature control, clock frequency

and IRIG alignment are not eritical for the evaluation of the servo loops since the preci-

sion and dynamic response of the servo system is measured as electrical signals and not

as absolute space-referenced angles. The electronics themselves were designed to tol-

erate rather large variations in the above-mentioned parameters as well as to reject other

environments; such as, DC supply variation, heat-sink temperature, vibration, etc.

In the "inertial reference" mode, the stable member is held fixed to its prealigned

inertial coordinate system and the gimbals rotate to provide the geometric isolation of

the stable member with respeet to the case. Angular motion of the stable member is

sensed by the IRIG's, amplified in the servo amplifier and drives the appropriate gimbal

torque motor, which opposes the torque which initially disturbed the platform. Disturb-

ing torques arise from gimbal bearing frietion, gimbal mass unbalance, and reactions

to angular aeeeleration which are a natural consequence of some gimbal orientations.

Very high angular spacecraft rates (50 rpm) can be tolerated when the gimbals are

aligned mutually orthogonal. They are limited only by the back emf generated in the gim-

bal torque motors.
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Maximum spacecraft rates for 80degrees of middle gimbal angle are 60degrees
per second. To accommodatehigher rates fo_-+h_ lo,-g_ _,_._1 ___1_ .-- ............. s .... _=_ _1,_ it would be nec-

essary to dissipate more power in the gimbal servo amplifier.

A new component, the ADA, is used to improve the gtmbal servo response. It is
j. _ , fl

essentially a "space Lacnom_er which is used in conjunction with the IRIG to provide

data necessary to drive the gimbal torque motors. Its main feature is that it has a high

signal-to-noise ratio for platform rate data over the frequency range where it is used

and its sensitivity is independent of temperature. Using this component it is possible to

design a broad-band servo loop with large gain margin.

The AC power supplies are run from local oscillators which in turn are synch-

ronized, rather than triggered, from the AGC clock. Thus a loss or absence of the AGC

will not result in complete inoperability of the IMU attitude reference capability. Should

the AGC fail, it will retain all its dynamic capability with accurate frequency but will run

merely with a reduced IRIG drift performance.

It is not the intent to allow all these various environmental disturbances to exist,

but it is usually characteristic of a reliable system to be able to operate in spite of an

unfavorable environment.

113



Section 7

PSAPACKAGING, INSTALLATION & MECHANICAL DESIGN

D. R. Test

The emphasisof this sectionwill be in the area of the PSA mechanical design;
where the PSA is in the spacecraft, and what effect the installation requirements and
other interface constraints have on the final design. Since there are several goodpack-
aging techniques available and many newtechniques possible, it is pertinent to note that
the ground rules and CommandModule interface are primarily responsible for the final
mechanical designof the PSA. Changesin these ground rules will have significant effect
on the Block II PSAinstallation and all other packagedelectronics in the G&N.

The ground rules which have had primary influence on PSA mechanical design
for Block I are:

(i) In-flight diagnosis and module replacement.
(2) C/M interface constraints.
(3) Existing componentsand techniques.

The effect of these constraints will be evident in the following discussion.

Figure 7-I showsthe Block I Power andServo Assembly. The PSA is located
on the structural shelf below the IMU, just abovethe Computer. The PSA consists of
ten (i0) removable trays, each containing a number of replaceable module assemblies.
Each tray jacks into an end connector assembly. A wedgeat the connector endand guide
pins at the front end of eachtray serve to locate the tray and cam the tray downon the
NAA compressible thermal interface material while it is being jacked into place. The
AGE harness is an integral part of the PSA End Connector Assembly. Each of the ten
trays contains a test connector for pre-flight and in-flight test. Also, Tray 7 includes
a connection for a portable temperature controller to maintain the IMU at temperature
during the factory and field checkouts.

The PSAoverall configuration, therefore, results from the in-flight diagnosis
and replacement ground rule which requires test connectors on trays, and removable
trays and modules. It also results from the C/M interface: the compressible thermal
interface on the NAA coldplate, and the envelopeavailable in the spacecraft. From the
amount of electronics to be packedinto the assigned installation volume, it was deter-
mined that two levels of modules were required in each tray.
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The end connector in Fig. 7-2 is shown prior to attachment of the harness and

final potting. It contains interwiring between trays and provides the major focal point

of electrical signals to and from all G&N equipment above the PSA. The AGE Harness,

which transmits these signals, in an integral part of the end connector, thus eliminating

a removable connector interface. Two connectors at the base of the PSA attach to the

Computer Harness Tray below the PSA. These connectors interface with the computer

and with the spacecraft with the exception of power. The power cable it . _g_all from

the end connector attaching to spacecraft connectors adjacent to the _nd connector.

Figure 7-3 is a rear view of the same end connector showing the interwirlng be-

tween trays and the two terminal boards to whieh will be attached the AGE Harness.

Interwiring will be accomplished by the "wire-wrap" technique proven in Polaris. This

view shows the end connector before attachment of the harness.

Figure 7-4 shows the PSA tray configuration. Each tray contains a varying num-

ber of replaceable modules, each of standard height and width. Module mounting screws

are captive in the tray frame, and act as jacking screws.

The tray is T-shaped. Heat is conducted to the coldplate down the vertical web

and out along the base flange. Inter-module wiring is contained in the shallow, eneap-

sulated volume on one side of the verticle web. The tray frames are magnesium to re-

duce weight, and they are nickel-plated to resist corrosion and to improve thermal con-

ductivity.

Figure 7-5 shows a functional tray assembly for PSA-4 now on test. The mod-

ules have not been encapsulated. They would normally appear as solid blocks mounted

on the tray. This is a typical tray. Intermodule harnesses are terminated at the tray

connector at the end of the tray.

Figure 7-6 shows the configuration of the lowest replaceable unit, the module.

The ground rule which specified existing components and techniques is reflected in the

typical module design. Except for the fact that the module is replaceable, the design

is similar to welded module assemblies used on Polaris: aluminum or magnesium

heatslnks (depending on heat dissipation), tape-drilled to receive the component parts

and connectors. Point-to-polnt welded intereonnections are made on both sides of the

module and foam potted. On Block I modules, test points were located on the surface

opposite the mounting face.

For low heat dissipating modules, average weight densities may be reduced.

The components are contained in a conventional cordwood arrangement between two

fiberglass waferboards inside a metallic mounting frame, and foam potted.
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Figure 7-7 shows a typical heatsink type of module. The actual, unpotted mod-

ule is shown in the background. A plexiglass model of the same module is in the fore-

ground, showing component orientation and interwiring. Two, three, or four screws

in the tray frame hold the module in place.

The chart in Fig. 7-8 shows those considerations from which module size is de-

rived:

i. Function

2. Reliability

3. Serviceability

4. Producibility

The only point to be made here is that the trade-offs are not diffieult. There

are not a large number of choices. Block I experience indicates that the functional cir-

cuit, as breadboarded and drawn as a schematic by the cireuit designers, is almost al-

ways the best compromise. Normally, package design has affected the initial schematic

only when module size was too small. In those instances, several circuits were com-

bined to create a module of reasonable size.

With regard to PSA design status, alldrawings are released including SCD's for

the component parts. Release of the final test methods and procurement speeifications

for PSA modules are almost complete.

The largest mechanical problem has been the thermal interface with the NAA

cold plate. In order to achieve the design value for conductivity aeross the thermal

interface, the compressive forces of the trays on the NAA interface material are much

larger than originally anticipated. This causes bowing of the trays and toe cap, there-

by reducing conductivity across local areas on the interface. Discussion are proceed-

ing with NAA to resolve the problem.
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Section 8

G&N THERMAL INTERFACE WITH SPACECN_AFT AND

IMU TEMPERATURE CONTROL SYSTEM

E. S. Hickey

I. G&N Thermal Interface with Spacecraft

The thermal interface with North American Aviation (NAA) has been negotiated

and is about 90% completed. Results of this negotiation appear on Thermal ICD (Inter-

face Control Document) No. MH01-01049-416. G&N equipment cooling is achieved by

three methods: direct contact with an ethylene-glycol coolant, indirect contact with the

coolant via a NAA supplied coldplate and metallic conduction to the secondary structure.

The Navigation Base Assembly (NBA) which contains the Inertial Measurement Unit (IMU)

and the Optical Base Assembly (OBA) contains plumbing which terminates in two .quick dis-

connect coupling halts mating with matching halts on NAA plumbing. The Power and Servo

Assembly (PSA), Apollo Guidance Computer (AGC) and the Coupling and Data Unit Junc-

tion Box (CDUJB) are mounted on NAA coldplates utilizing grease as a thermal inter-

face material. The rest of the equipment is cooled by conduction to its mounting struc-

ture. All equipment must be capable of operating at nominal ambient conditions of 75°F

+ 5°F with a gas pressure of 5 psia. Under emergency conditions the equipment is sub-

jected to an ambient pressure of 10 -4 mm Hg and structure temperature variations from

0 to 160°F.

Figure 8-1 represents the CM glycol-water coolant loop; 200 Ibs/hr of coolant at

approximately 45°F comes from the water boiler, 167 ibs/hr is circulated through the

suit circuit, cabin heat exchanger and another coldplate while the remainder of 33 Ibs/hr

is circulated through a parallel branch which contains the NBA and CDU's. These parallel

loops are joined together after the CDU's whereupon it is piped through the AGC, PSA,

and one other coldplate in parallel and proportioned according to heat load. The discharge

from these coldplates goes to 15 other coldplates in a series parallel arrangement.

The most serious problem in the thermal interface area is that of NAA's thermal

interface material. A photograph of this material is shown in Figure 8-2. It consists

of silicone tubing approximately 0. 160 inch in diameter with a helix of copper foil

0. 002 inch thick wrapped on the individual tubes. These tubes are all soldered to a

copper base plate. The idea is that the equipment will contact this tubing and compress

it approximately 0. 025 inch in order to yeild a conductance of i00 BTU's/hr-ft2-°F.
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NAA's original design goal was to achieve a conductance of i00 with a compressive force

on the interface material of 1 psi. NAA further stated that for design purposes MIT/IL

should assume a max. pressure to achieve this conductance would be 2 psi. A test pro-

gram was recently initiated at MIT/IL to evaluate this thermal interface material. These

tests yielded the following results: It takes approximately 14.5 psi to compress the therm-

al interface material 0.025 inch, and the thermal conductance with a compressive force

of i0 psi is i00 al 1 arm pressure. NAA has recently revised their design goal of a con-

ductance of i00 at 1 psi to a conductance of i00 at i0 psi. Figure 8-3 is a plot of con-

ductance vs. pressure. The NAA Process Specification indicates that a conductance of

125 should be measured at 1 atmospheric pressure in order to realize a conductance of

I00 at a cabin pressure of 10 -4 mm Hg. Figure 8-4 plots the compressive force vs.

deflection of the interface material. NAA's new design point of i0 psi is indicated, and

results show thai a compressive foree of 14. 5 psi is required. This excessive pressure

bows the frames in the AGC and both the frames and the toeplate in the PSA. In the case

of the PSA this excessive toeplate bowing results in frame contact with the interface

material for only about two-thirds of its length.

Another problem in this area is the maximum temperature requirements at the

thermal interface. This interfaee is defined by a thermal map indieating local heat flux

and upper temperature limits in these local areas. NAA has been having diffieulty meet-

ing these temperature requirements even with the assumption of a conductance of i00

through the interface material and nominal coldplate inlet temperatures and flow rates.

These temperature requirements are presently exceeded in some areas by as much as

20°F.

II. IMU Temperature Control

The IMU temperature control ground rules for Block I are listed in Figure 8-5.

There are two significant differences between the Apollo IMU Temperature Con-

trol System and other gimbal assembly temperature control systems. These are that

the six inertial components are temperature-controlled utilizing one controller and that

the thermal resistance from the stable member to the case is a controlled variable via

blower speed. The latter technique greatly extends the operating range and conserves

temperature control power.

Figure 8-6 shows the IMU Temperature Control System Block Diagram. There

are basically three temperature control systems: primary, backup and emergency.

The primary system senses and controls the Inertial Reference Integrating Gyro (IRIG)

end mount temperature via a proportional controller and inertial component heaters, and

indirect control of the blower speed is achieved by sensing the heater current and varying

the blower voltage as an inverse function of it. Additional protection is achieved via
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high temperature safety thermostats in the heater circuits. Backup operation is achieved

by utilizing the monitor circuits and limit cycling the inertial components over a narrow

temperatur_ band. This backup system protects against any failure in the primary system

except for heaters or blowers. The emergency system consists of mercury in glass

thermostat mounted on the stable member which functions as both a temperature sensor

and controller.

Figure 8-7 contains a thermal diagram of the IMU. Heat transfer is achieved

from the stable member to the middle gimbal via gas and metallic conduction with some

natural convection existing during ground operation. (Heat is transferred from the middle

gimbal to the water-glycol cooled case via a closed loop air circuit. ) The thermal resis-

tance from the middle glmbal to the case is a function of the blower speed and internal

gas pressure.

Figure 8-8 is an electrical analog representation of the thermal system. This

analog indicates the fixed and variable heat sources together with the fixed and variable

thermal resistances. It is interesting to note that the thermal coupling with the structure,

ambient and coolant can be represented by three parallel resistors. Test data to date

indicates that the accuracy of this simplification is extremely good.

Figures 8-9 through 8-12 are the results of thermal tests on IMU No. 4. These

results are indicative of the type of performance to be expected from the three temper-

ature control systems.
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Fig. 8-7 IMU heat transfer diagram.
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Section 9

APOLLO GUIDANCE COMPUTER (AGC) - MECHANICAL DESIGN

E. J. Duggan

The Block I computer reflects the design ground rules established for this unit

early in this program. The ground rules were that (I) there would be a single operat-

ing AGC on-board the command module and (2) this single AGC could experience in-

flight repair necessitating; (a) rapid fault isolation to module level, (b) accessable-on-

board-spare modules, and (c) ability to change module during emergency conditions (in

pressurized suit).

Figure 9-1 shows the Block I AGC-C/M configuration which weighs 70 Ibs ex-

clusive of harness. It occupies 0.8 cu. ft. and consumes i00 watts of power. It is

located in the C/M directly below PSA in a double bay opening 7-1/2 x 20 inches.

Finalization of the Block I design has demonstrated the feasibility of carrying a

full spare computer in tray form mounted in the space originally negotiated with NAA

for a single AGC.

This fact, coupled with the complexity and time involved in fault isolation to the

module level, subsequently resulted in the concept of tray replacement as the lowest

level of in-flight repair.

NASA has recently directed that a single AGC be flown in Block I, and we are

configuring accordingly. A bay close-out panel will be provided.

The astronaut interface with the AGC is through the Display and Keyboard Assem-

bly (Fig. 9-2). Two such units each weighing about 22 ibs appear as peripheral to the

computer. The electronic modules for each are identical; however, their arrangement

is altered to fit either the lower equipment bay or the main panel shown here.

The basic computer is functionally separated into two active units, the dual tray.

Tray A contains the logic and interface segments and Tray B contains the fixed and eras-

able memory, the oscillator, and power supplies. Intra-tray information transfer is

accomplished by use of an end connector assembly which is hard mounted to the cold

plate.
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Tray C while not actually an AGC component, also plugs into the end connector

at the rear and distributes signals to and from the computer to the spacecraft (S/C) and

PSA. All other G&N signals that interface with the S/C are combined and routed in this

assembly to the front connector.

T]n6_ nn_xr_v', A.io.,_+oA ,.,'.I.1..,_'-- *1,.. ......... a.___ _. , , ,,

.... _.......... e_ .... v_,i_tt,,11_:_unlpuLel i_ routea _nermaiiy via the tray frame

assembly to thermal interface material atop a S/C cold plate. This is a water glycol

heat exchanger upon which is mounted an interface material. This is the current mater-

ial used by NAA where a compressible thermal conductor is required because of removal

of units for service. This arrangement is designed to give a worst case temperature at

the bottom of the tray of 40.5°C. This yields a 70°C micrologie junction temperature

and a i05°C silicon device junction temperature as the worst case design.

The AGC arithmetic and control section is located in tray A (Fig. 9-3). Its

logical design is accomplished entirely through the use of some 4200 nor elements ---

(36 modules of 120 gates each).

The nor circuit is a single integrated eircult made using planar diffusion transis-

tor techniques and housed in a round TO-47 size can (Fig. 9-4).

The unit shown in Fig. 9-5 is mounted in a plastic holder. Power wiring and

logical interconneetion are added and the sub-module mounted into a magnesium header

plug assembly.

Since all nor gates are identical, the logical interconnection is what makes each

stick specific. A device to appropriately wire these units in accordance with the logic

diagrams, with complete machine repeatable accuracy, is the heart of successful logic

module production. This is done by the so-called matrix welder which was developed

by Raytheon at MIT/IL direction. This machine fabricates matrices by tape-controlled

welding of interconnection wiring (Fig. 9-6).

In the Tray B side of the computer the P.S. oscillator memory drivers are con-

strueted of common type electronic parts with specially weldable leads. The components

are mounted in drilled block and point-to-point wired in what is becoming classic cord-

wood welded module construction. After test, each module then plugs into appropriate

location in the tray.

Of unique interest is the core rope unit (Fig. 9-7). This form of fixed storage

is programmed by the rating of 128 sense wires through or around each of 512 tape

wound cores. This eombinatlon of cores and wires yields 8 (16 BIT) words/core or a

module size of 4000 words of memory. Six (6) such fixed program modules (24K words

of memory) are carried in AGC.
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To fabricate such a unit, 256 cores are arranged in each of two-side frames.

Twenty-one it, of 2-mi1 diameter wire is coiled into a door spring spiral and inserted

into a 12-inch hyperdermic needle. The tape programmed fixture positions cores in

proper sequence for a given wire path in the wiring aperture. The needle supply is then

passed through the core and the wire coiled inside is splayed out bohi_ndo Upon comple-

tion of a pass, the supply needle touches a switch generating a control signal causing

the tape to index the fixture to the next aperture position. Upon installation of 128 sense

lines and 21 inhibit set-reset wires properly terminated to pins of the header, the unit

is tested functionally.

Removing and folding the frames into the header, final test and pot completes

this unit.

The tray frame itself carries out the duality seen in the two trays per computer

by itself being dowled together in two halves and match profiled; then re-opened for

wiring potting and test.

There are over 20, 000 tape-controlled mill moves involved in making this part.

In addition to intricate profiling, thin wall sections, there are many highly accurate

holes located to 0. 002 true positioning. Porosity and lower thermal conductivity of cast

material would be intolerable hence this unit is machined from solid on tape-controlled

equipment. The use of tape, if not justified in volume, is certainly defendable when one

thinks of the decision time and error probability implicit in drilling 1800 holes in the

end connector, 3000 holes in Tray B, and 6000 holes in Tray A. If the number of holes

in the computer presents a looming s_tistic it must only be expanded to the insertion

of the same number of electrical connector pins to create the imposing task of point-to-

point wiring of these pins, in a pre-determlned manner, with exact reproducible accur-

acy and testability. To do this, automatic wire wrapping was chosen as the interconnec-

tion mechanism. Used successfully on Polaris fire control andflight computers, using

standard wrapost sizes, the method has been extrapolated by Gardner-Denver to a minia-

ture pin on a i/8-inch center.

MIT/IL wrote programs which converted the interconnection list of the computer

into control punch cards for the newly developed universal wire wrapped machine. In

addition, this program selects wiring patterns and routing to optimize wire densities in

the wrap field.

If one is armed with a deck of cards, a computer tray, 2600 ft. of 0. 010-diameter

teflon coated wire and access to the pneumatic marvel, it is possible to put a wire se-

curely between 2 pins every 6 seconds and repeat this process with machine accuracy

throughout the ii, 000 connections required by AGC. Ground busses and connections

to the front of the tray are installed by hand after machine wrapping. Clearly a design

that obviated this hand operation would be desirable. It is felt that this is a design

deficiency in the Block I configuration.
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In the light of shifting ground rules, other characteristics of the Block I AGC
bear re-examination. Current planning requires switch-over from one AGC to a second,
with dual operation of both during critical phases, through the addition of certain logical
changesto the Block I design. This, in effect, generates electronic in-flight repair
without the necessity of mechanically removing units in effecting exchange. In view of
this the weight of structure jacking hardware, tray pins, toe plates and end connector
assemblies loom large.

Problems of compressible interface material could be elim_u_tedwith its removal
and hard mounting with the computer. Improved form factors in micrologic design,
namely flat pack, allow twice the logic in the same volume. Finally, and perhaps most
importantly, the AGC Block I has no sealed connectors. Requiring sealing on Block I
would necessitate a redesign.

In the light of this electronic in-flight maintenance ground rule, I would like to
describe the Block II solution to the problems just mentioned. Despite slightly more
logic, it is comfortably possible to install two computers in the same allocated volume
used in Block I. These computers are referred to as AGC's 12 on this front panel
moding control. Dual or alternate operation is offered with manual selection of mode.
Details of operation will appear in other presentations.

To provide improved thermal paths and single wire wrap operation for each
machine the modulesare arranged on a single flat end connector. All module connec-
tions are then madeautomatically in one assembly including those to the outside world
connector. Onethousandconnectors are eliminated by not requiring tray connectors,
as well as eliminating the handinstallation they require.

Tray C, the interconnection tray, is replaced by a cable assembly which plugs
into the two computers andthe S/C and PSA. Onefixed memory unit is adjacent to the
interface connector and readily removable by stripping the silastic plug seal and jacking
it out of the endconnector. As the cold plate supplied by S/C loses its center support
uponbeing shifted upward for the Block II configuration it canno longer support the
lighter combinedBlock II weight. Rather than add structure to this assembly a bridging
arrangement hasbeenaddedto the AGC to transmit its load directly to secondary struc-
ture at each edgeof the cold plate. This is doneat a weight penalty of 3#/computer.

A fringe benefit is derived, however, in that the bridging, with the addition of
side plates, provides a cover for all modules. It is now possible to fill this cover with
silastic to effect a moisture seal to all computer module pins. The addition of a thin
sheet metal top, electrically bondedto the frame, provides additional interfering
shielding. The entire computer with cover weighs 44 Ibs vs 70 in Block I. Module
design in the B section,memory, oscillator, power supply is virtually identical to Block I.
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This allows production techniques, test equipment and personnel training in the

areas of rope era_ab!ememory, osci!!a+ors, drivers, etc., to continue into Block !!.

Logic module design differs in that twice the number of gates can be fitted in the same

width and length stick with the flat form factor.

We are, however, using 16 less than twiee the number of gates due to the loca-

tion of the filter condensers in the stick ends. Flat micrologies carry two nor gates per

package and are mounted once again on a plexiglass header assembly. The back of this

assembly will have been matrix interconnected and tested for accuracy and continuity

prior to installing the flat unit. No new process is involved in the fabrication. Onee

again this assembly is mounted into a magnesium header and potted.

This model reflects the state of the Bloek II hardware design at this time. It

should be pointed out that all parts of the two machines shown are in metal and the logic

module has been configured completely.

Milling tapes exist to fabrleate a complete end connector and can be released for

production as soon as thermal analysis is complete and final logic allocation made.

Wire wrapping programs are being overhauled to generate control decks to the

flat configuration. Interface with NAA structures people is scheduled for meetings

soon.

A note in conclusion should be made of the fact that a single AGC of the flat de-

sign would fit on the existing Block I cold plate with the use of an MIT/IL aluminum

adaptor. Such a Block II mechanical design could carry Block I logic and interface and

provide the answer %o a sealed connector requirement with 26 ibs reduction in computer

weight.
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Section i0

APOLLO GUIDANCE COMPUTER (AGC)

E. C. Hall

According to the tasks listed in Fig. I0-i, the AGC must perform the steering

calculations for AV corrections. It provides digital communications to and from the

ground. It displays to the astronaut, gives attitude commands, and controls the thrust

by turning it off and on. In some respects it does system testing. The clock in the

computer provides the frequency reference for all of the spacecraft subsystems.

The computer is 0.8 cu. ft. in size, weighs 70 pounds, and requires i00 watts

of 28 volts dc prime-power from the fuel cells. Although originally designed into

Block I, it will not have the capability of going into the idle mode. This is the condition

wherein the computer keeps track of time but does not do any other computations.

Block II will have this "idle mode" capability, and it could be in Block I if required.

Figure 10-2 describes very briefly the organization of the AGC. On the left-

hand side various types of input circuits are shown. There is interrupt capability so a

signal from the outside world can interrupt whatever is going on in the computer, and

the computer willprocessthat particular input. It has counter inputs from the CDU's,

from the PIPA's, and from various outside inputs. There are other input registers and

output registers. The clock provides the reference for the complete spacecraft. There

are approximately 24, 000 words of fixed memory and i000 words of erasable memory.

Some AGC characteristics are as follows. It has a 16-bit word, consisting of

15 bits plus parity. One's complement with overflow correction is the number system.

The memory cycle time of ii. 7 microseconds describes to some extent the speed of the

computer. The erasable memory is the normal coincident-current ferrite-type mem-

ory; however, it uses non-temperature-sensitive ferrite cores. The computer has Ii

normal code instructions, such as add, subtract, etc. In addition it has has 8 involun-

tary instructions, among which are interrupt increment, load, and start. There are 6

possible interrupts. The add instruction time is 23 microseconds; this gain is repre-

sentative of the speed of the computer. The time to multiply is 93.6 microseconds; this

is one of the normal instructions. A double precision add, or a double precision

multiply, are subroutines that have to be programmed. To add in the counter incre-

menting of any incoming pulses requires only one memory cycle time. Because of in-

crementing and interrupts, considerable speed of operation of the computer is achieved

with real time requirements from outside functions.
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The computer has 20 counters which are used for the various operations previous-

ly mentioned, for instance, the encoders, the PIPA's, or the telemetry. The 4 discrete

input registers and the 5 output registers each have 15 bits. These registers in some

cases are used to provide programmed numbers of pulses out. To drive the CDU's for

example, the AGC has to put out a pre-selected number of pulses. The pulses are con-

trolled through these output registers. The actual number of such outputs is 25. There

are also 16 pulsed outputs not under program control. The telemetry is used for pro-

cessing of down telemetry data. Up-telemetry is handled in the same fashion as the astro-

naut's key code.

Figure 10-3 shows a schematic diagram of the core rope memory. By applying

currents IIB, and I2B all cores are saturated except core 1; thus applying current ISR

switches core 1 only. The memory sense wires may either go through the core or not;

if it does, it is defined as a one; if outside, a zero.

The flow diagram for rope design and construction is shown in Fig. 10-4. Pro-

gramming feeds into simulations, into a program review board, and then through the

Change Control Board. For these releases paper tapes are generated at Raytheon and

documented. Ropes are manufactured and tested against tapes specifically generated for

test. After passing the test, the rope goes into real AGC hardware for simulation and, if

proved here the result is a verified program.

Figure 10-5 shows the fabrication at Raytheon. The tape which controls the pro-

cess is visible. The operator merely passes a needle containing the wire through the

aperture. The wire either goes through or does not go through a core in accordance

with the tape program.

Another new application is the one of integrated circuits, such as the micro nor

gate shown in Fig. 10-6. A total of 4200 are used in the system. The lighter areas are

aluminum interconnecting wires and the module contains resistors and transistor ele-

ments.

AGC interfaces are shown in Fig. 10-7. The keyboard and display is important

since this is the way the astronaut communicates with the computer, and in many cases,

with the complete system. The Display and Keyboard, or DSKY, panels are shown in

Fig. 10-8 and Fig. 10-9. The Navigation DSKY is to be loeated in the lower equipment

bay and is used for normal navigation. The Main DSKY is located on the main C/M

panel.

Figure i0-i0 is a drawing of the AGC-S/C interface. The only connections with

the S/C are those wires whieh run between the upper and lower connectors. The radar

interface section will undergo minor changes from the description laid down some 8

months ago; these will be LEM requirements and not C/M requirements. The SIC inter-

faces are primarily concerned with stabilization and control. The only signal used here
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turns the engine off and on. Negotiations may lead to putting other signals in this inter-

face regarding the moding of the SCS system. Ground rules specify manual functions,

which makes these unnecessary if the astronaut does all the checking. For example, if

the astronaut puts the G&N system into the G&N AV mode, he pushes a button on the

main panel; he would then have to go down to the lower equipment bay and so notify the

computer. The keyboard is not that easy to operate, and this delay would certainly be

undesirable when fast reaction time is needed, such as in abort.

The signals have been signed off on ICD's, but information is lacking on the ICD.

Shielding and grounding is a problem area. The Mil. Spec. on EMI is being followed as

far as possible, but once their recommendations are not followed, one must be careful.

For instance, transformer coupling at both ends is recommended, and the figure shows

this on the AGC side. But on the other side transformers are not used and there may be

problems with other kinds of grounding.

Figure 10-11 shows AGC-4 which is now being used to operate system 4 and to

check programs. The next illustration (Fig. 10-12) shows the rope simulator which

allows conversion of any one module into an erasable memory. Thus the program can

be read in and changed readily.

Figure 10-13 shows AGC-4B with the racks of equipment from AGC-4 compressed

into two trays. The status of AGC-4B is shown in Fig. 10-14; it has been used for com-

puter subsystem checkout. There have been no failures in either AGC-4 or AGC-4B.

AGC-5 is in final assembly (Fig. 10-15 and 10-16) and power has just been turned

on.

Figure 10-17 shows the AGC-5 fabrication schedule. Raytheon has delivered

everything except for Tray C, called the G&N harness tray, which is not necessary for

checking.

System 6 modules are now in test (Fig. 10-18). All of Tray A is under test.

Most of Tray B has finished subsystem testing. All the modules for Tray B have not been

finished so a complete testing cannot be done. There is a problem of cutting the gear off

the main panel and changing the wiring. How that reflects in this particular schedule is

in the main DSKY. It has slipped quite a distance; note that it is delivered the 12th of

June. It will be necessary to use DSKY 5, which will not have this change, to checkout

the system at this point and then sell off all but the DSKY.

System 7 is getting very close to test all the way down the line (Fig. 10-19). A

summary status chart for all the hardware, and DSKY's, is shown in Fig. 10-20. Com-

puter test set No. 3 (Fig. 10-21) has been delivered. No. 4 will come out next and will

go to Raytheon for processing and test. An operation console, used to mount the com-

puter, is undergoing tests and the first one is due to be delivered. All of the components
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will be out in time to test check the computer. The rope fabrication schedule is shown

in Fig. 10-22. The ropes shown are test modules. The first group of ropes is to go in

AGC-4B. They are all prototype ropes and are not folded or potted.

Some test equipment at Raytheon is now in operation. Figure 10-23 is a DITMCO

machine used to check the wiring on the trays.

The operation console which mounts the computer subsystem for test is shown in

Fig. 10-24. This particular artist's concept shows the four modules in the computer,

with one module out on an extender, presumably to do some testing. The operation con-

sole provides coolant and power for the computer when it is in a subsystem test con-

figuration.

A typical program to qualify components is shown in Fig. 10-25. The initial

micro nor gate activity started about two years ago, when a few were procured and tested.

It was established that the vendor had the capability of producing. Then vendor qualifi-

cation was established, as was process control, and a specification control document

was written to procure larger quantities. The lab tests are the data received from the

prototype computers AGC's 4 and 4B. From the information obtained from the stress

testing, etc., we go into data analysis and failure mode analysis and feed back information

to correct the documentation and control of the product. Then the procurement process

begins from the specification control document as shown in Fig. 10-26.

This specification control document requires the vendor to do part rejection.

Then the parts come into Raytheon and they go through a 100% mechanical and leak test.

Everything fromthls point on is a 100% test within Raytheon. From there they go to the

first electrical test, to a bake, centrifuge, thermal, shock, and a second electrical test

(all of this is a 100%), then a power burn in and a third electrical test before it goes to

the computer. Ff'om each of these points information is sorted for both data and fail

units and fed into data failure analyses at Raytheon, after which the information is fed

back into the vendor qualification list.

Figure 10-27 shows the production screening and burn in test results by vendor.

Sample size is number of units that have gone through, and the percentage of rejects

is shown for each vendor. Vendor C does not appear too satisfactory when compared

with A & B. A & B are being used in flight hardware.

The results of step stress testing are shown in Fig. 10-28. Again vendors A &

B performed better than C. Stress level I is essentially the same test as performed at

screening and burn in: level II is more rigid; more temperature cycles, larger ranges,

higher shocks: and level III is higher than II. The results shown are for i00 units tested.

The next step is to predict a failure rate for nor gates. In February and March

1963, 0.2 failures per 30 x 106 component hours was predicted. Calculated values based

on operating times of AGC's 4 and 4B are shown on the Fig. 10-29. While failures have
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occurred on System 4, they would have been picked up by screening if the components

used had been screened, so those failures are not included in the failure rate. Rede-

sign has eliminated another failure mode. The latest calculated failure rate is 0. 037.

Electromagnetic interference is also being tested. This is shown in Fig. 10-30.

This shows interference generated in the computer which can effect the outside world.

The procedure is to go through normal MIL Spec interference document using the appli-

cable sections.

Figure 10-31 shows the susceptibility of the computer to interference generated

outside. Transient and some sinusoidal tests have been performed. Other tests await

the proper equipment.

Figure 10-32 shows the computer test program. Thermal mock-ups of trays are

undergoing test now. Module qualification tests have not begun. Computer qualification

tests have not started yet. At subsystem level special programs are used for compre-

hensive electrical checking of the computer. Environmental and mechanical tests will

follow at different levels.
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Section 11

OPTICS MECHANICAL DESCRIPTION AND THE

DESIGN QUA LIFICA TION TESTING P ROGRA M

P. N. Bowditch

The AGE-3 optical unit is shown in Fig. II-i, installed on the precision test

fixture. The sextant (SXT) is to the left and the scanning telescope (SCT) to the right.

The two instruments have different functions. The sextant has two lines of sight, one

fixed at an angle of 57 ° from the vehicle thrust vector; the other movable in altitude and

azimuth. The fixed line is the landmark line of sight (LLOS), the movable line is the

star line of sight (SLOS). The SXT, which has 28X magnification and a 1.8 ° field of view

is used for midcourse and lunar orbital navigational sightings and for IMU erection.

The SCT, a single-power, 60 ° field of view fully-ar_iculating telescope, is used as a

target finder for the sextant and for orbital landmark tracking.

Figure 11-2 shows the bellows vacuum seals which separate the S/C interior

from outer space. The unit shown is a mechanical gauge used at NAA.

Figure 11-3 shows the optics penetration of spacecraft (S/C) hull, and the doors

which cover the opening during re-entry. The total field of view is a 100 ° conic scan

centered 57 ° from the vehicle thrust axis. The constraints limiting this field of view

were that the instrument be stationary with respect to secondary structures, be sealed

to the C/M, and have covers for boost and re-entry. This field of view is adequate for

required sightings.

The two lines of sight were intentionally put outside in the vacuum to eliminate

optical windows which introduce scatter and distortion. The instruments are physically

shielded from waste contamnation and from solar radiation scatter. To permit adequate

shielding without impeding equipment operation, the shrouds are pulled out as far as

possible without interfering with closing of the S/C doors. The covers serve a dual

purpose; they shield against thermal radiation, and reduce solar scatter and radiation.

The optical requirements of this precise instrument dictate a stable and accurate

assembly. Diligent efforts were made in the instrument design to minimize vacuum and

_Edited transcription of a design review presentation made to NASA (MSC) technical

staff members on 3-26-64.
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outer-space effects. Thermal stability must be controlled by conduction and radiation

in a vacuum. The thermal shroud and bellows seal strain-isolate any motion of the

ature influence from the S/C, and constitute a vacuum seal. The bellows are double

convoluted about each instrument to provide redundancy for vacuum integrity.

The unit is mounted to the Navigation Base on three steel balls for kinematic

strain isolation. To preserve the accuracy of the instruments, the optical base is ex-

tremely rugged. The bellows and the vacuum seal are required to withstand a differen-

tial force of 5 psi between the S/C interior and the outside vacuum which totals some

800 pounds. This force must be considered in the alignment accuracy of the instrument.

Construction has been simplified as much as possible to provide maximum reli-

ablity. Figure 11-4 shows schematic views of the instruments. Sextant operation is

identical to a marine or any other kind of sextant. The beam splitter has on its surface

a polarizer to obscure the fixed line of sight. This obliterates stars which might appear

in the landmark line of sight to confuse the operator. There are limit stops to prevent

damage to internal connectors. The instrument may move + 270 ° about the landmark

line-of-sight axis; the star line-of-sight may go from 0° (parallel to landmark LOS) to

90° (self-collimating position).

The SCT has a double-dove redirection element which may be rotated about an

axis parallel to the SXT trunnion axis. Motions of the two units are phased together.

Fixed to the head of the SXT is an automatic star/landmark tracking unit, the

horizon photometer and star tracker. The star tracker uses the same mirror as the

star LOS. Thus, one precision angle transducer-resolver is sufficient for all measure-

ments made either visually or automatically. Star target tracking is accomplished by

crossed reeds in the star tracker.

Figures 11-5 and ii-6 show optical elements of the SXT and the SCT, respec-

tively. In each figure the eyepiece window is the seal between the interior of the S/C

and the instrument. The cutaway drawing of the SXT in Fig. 11-7 shows its mechaniza-

tion. A flexprint cable takes all leads into and out of the head; there are no slip-rings.

Resolvers drive both trunnion and shaft to desired angles.

On the SCT there are manual drives which are not engaged unless there is a

power failure. The cutaway of the SCT is shown in Fig. 11-8.

The double dove prism, in Fig. 1 i- 9, is a single reflection element which in-

verts the image. In order to re-invert the image an odd number of reflections must be

introduced into the optical path. This is done by the pechan prism of Fig. ll-iO.
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Figure ii-ii shows the SCT gear system. Shown in this design are two univer-

sal tool inputs; normally these would not be engaged until power has failed. The astro-

naut may then turn the instrument manually. Labyrinth seals have been employed where-

ever any elements are exposed to the space vacuum; no gears or moving parts are ex-

posed. This seal prevents evaporation of the lubricant. The glass elements have also

been protected from the mission environment. However, this environment has not been

adequate ly de fine d.

There are three major design evaluation tests. AGE-3 is at MIT/IL for evalua-

tion of the functional aspects of the instruments as used by the astronauts. Simulations

are being conducted to evaluate landmark identification, tracking speeds, tracking condi-

tions, resolution characteristics, etc. The other tests are thermal/vacuum and mech-

anical integrity vibration evaluations. Kollsman Instrument Corp. has a dual cavity

vacuum chamber. Both sides may be pumped to 10 -9 mm vacuum (approximately 1U -8

mm with present instrumentation). This chamber enables simulation of the space

vacuum on one side and 5 psi cabin pressure on the other, with the instrument between.

On the space side there are three viewing positions (ports), one each at viewing axis of

0 °, at 12-1/2 ° off axis, and at 45 ° off axis. These ports are made of optically flat

glass. The sun is simulated by a Genarco source. This instrument may be moved to

check scatter conditions. One side of the chamber will be charged with helium-oxygen

mixture. The other will contain a mass spectrometer to analyze the leakage character-

istics of the seals. The chamber has cryogenic coldwalls capable of about -3O0°F.

The Genarco unit has the equivalent of about three times the power of the sun. It is

currently estimated that the temperature during flight on the optical shrouds will be

about 125°F on the sun side and about -5U°F on the deep space side.

The thermal vacuum tests will evaluate thermal sensitivity of the equipment with

respect to accuracy. Instrumentation is available to determine thermal gradients, time

constants and transients. This evaluation will begin shortly at Kollsman on AGE-1 optics.

AGE-2 optics will be tested for its response to acoustics, vibration, acceleration

and shock. Acceleration tests will be performed on a centrifuge along one axis. Vibra-

tion is 3-axis sinusoidal for design evaluation and 3-axis random for qualification tests.

These willbe at 50%, 75% and 150% of rated design stress levels. These tests will

evaluate mechanical integrity of the equipment at launch and flight levels. Re-entry and

high Q (abort) constitute survival levels of stress. The instruments need not operate

following exposure to these latter levels.
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Section 12

OPTICS OPERATIONAL MODES AND

NAVIGA TIONA L PHENOMENA

D. A. Koso

The Optics Subsystem (OSS) is used during the free fall phases of the flight to

provide navigational information for the AGC. There are three general categories of

measurements which are being considered. One is abearing measurement (to an earth

or lunar landmark), the second a precision angle measurement (between a star and a

horizon or landmark), and the third a star occultation measurement.

The landmark bearing measurement provides information about two degrees of

freedom for the computer; the remaining two types of measurements provide one degree

of freedom.

Figure 12-1 gives a tabulation of these phenomena and when they are used. These

will now 'be described in detail from the viewpoint of the equipment involved and opera-

final procedures.

During earth orbit, the vehicle moves with the X axis along the velocity vector.

The optical unit (see Fig. 12-2 for the location of the optical unit) is pointed approx-

imately toward the earth. The astronaut uses only the sextant (SXT) to perform the

landmark bearing measurement. Using the optics controller (see Fig. 12-3), the astro-

naut positions the SCT to see the ground ahead of the vehicle. When the landmark becomes

discernible, the astronaut positions the center of the SCT reticle on the landmark and

commences tracking of the landmark using the 'optics controller. When the landmark is

centered on the SCT reticle, the astronaut pushes the "mark" button on the right-hand

side of the panel. About three markings on each landmark are expected. Each "mark"

interrupts the computer program and instructs the computer to store the shaft and

trunnion angle from the optical unit, the three IMU gimbal angles, and time. The optics

mode switch would be placed in the "resolved" mode to make tracking of the landmark

easier.

If the landmark appears to be very close to the vehicle ground track (as noted

during the initial acquisition), the vehicle has to be rolled to the side (using the minimum

impulse controller) to avoid tracking of a landmark too close to the shaft axis of the

SCT. The maximum shaft angle rate is 17.2 deg/sec, thus it is impossible to track

landmarks too close to the orbital track of the vehicle. The regions where tracking is
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Fi E. 12- 1 Navigational phenomena.
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impossible are shown in Figs. 12-4 and 12-5 for the earth and moon, respectively. A

view of au earth landmark as seen through the SCT is shown in Fig. 12-6 and an illustra-

tion of the measurement geometry is shown in Fig. 12-7. (The latter is shown for the

lunar case. )

Star horizon ........... +_ are also ,,=_ _,,,-_ng p_+h nrhlt _The eauinment

used to perform these measurements and the work being performed on horizon definition

is described elsewhere in this section. ) The vehicle is rolled so that the shaft line of

sight is pointed at the horizon. The astronaut then acquires the desired star and centers

the star in the SCT and pushes the tracker on button. The automatic star tracker (AST)

now keeps the star centered in the field of view of the SXT. The astronaut now waits

until the horizon is level (as seen through the SCT, Fig. 12-8). When the horizon appears

level, the astronaut sweeps the shaft axis through the horizon. A "mark" is sent auto-

matically to the computer at the proper horizon illumination level.

During the midcourse phase of the flight, star-landmark measurements are also

used. The angle between a star and landmark changes as the vehicle moves along its

trajectory (see Fig. 12-9). This angle is measured with the SXT to a high degree of

accuracy.

First the astronaut sets the expected star-landmark angle into the trunnion CDU.

Then he acquires the landmark in the center of the SCT. (The slave telescope SW is set

at 0°. ) For coarse acquisition, the hand controller is used. Fine acquisition is com-

pleted with the minimum impulse controller on the right-hand side of the panel (Fig.

12-3). The astronaut now sets the slave telescope switch to 25 °. In this position, the

view is as shown in Fig. 12-10. The circle near 0° represents the field of view of the

landmark LOS of the SXT. In this position, the astronaut can see in the SCT field of

view everything that is visible in the SXT since the shafts of the two instruments are

always slaved together; and the SXT trunnion is limited to a 50 ° excursion. The astro-

naut now drives the shaft coupling and display unit (CDU) until the desired star appears

on the graduated reticle line of the SCT. Ifthe landmark tends to drift from the circle

at 0° on the SCT scale, the minimum impulse controller must be used to return it to

the center of the circle. When the desired star is on the graduated SCT reticle line at

the angle which was originally set into the trunnion CDU, (if it is not, something has

gone drastically wrong and backup procedures or a start from the beginning is in order)

the astronaut moves over to the SXT and switches the optics mode switch to resolved.

In this mode, the motion of the landmark due to motion of the minimum impulse con-

troller, and motion of the star due to optics hand controller displacement will be identical.

The view through the SXT is shown in Fig. 12-11. The astronaut now superimposes the

star on the landmark and pushes the "mark" button. To make sure that the SXT has

held accuracy, the astronaut will (before and after most SXT measurement) first super-

impose two stars at zero trunnion and then autocollimate the SXT reticle at 90-deg.
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trunnion. This procedure is used to make sure that small shifts (which cannot be de-

tected by programming) have not occurred in the optical unit and its associated equip-

ment.

During lunar orbit, star occultations may also be used if sufficient information

relating to lunar landmarks is not available. The star occultation measurements are

completely manual. The astronaut would track a star and push the "mark" button when

the star disappears behind the lunar horizon.

To perform the described measurements, the system was instrumented as shown

in Fig. 12-12. The optics hand controller drives the two optics CDU's. These CDU's

provide the basic velocity command for the optical unit, and also carry incremental en-

coders which are used to transmit angular information to the computer. The SXT and

SCT are slaved to the CDU with position follow-up servos. A B4-speed resolver is used

on the SXT trunnion to provide the basic equipment aecur'aey; the output from this re-

solver is fed to a good quality size ii resolver in the CDU. Thus, any errors in the

CDU between this resolver and the incremental eneoder are divided by 84. This arrange-

ment makes conventional gear trains feasible and keeps the overall SXT accuracy to

i0 are see rms.

The motion of the lines of sight in vehlele coordinates is shown in Fig. 12-13.

To avoid confusion between the motions in the landmark llne-of-sight field and the star

llne-of-slght field, the resolved mode is used. In this mode, the optics controller

commands motion in rectangular coordinates and not shaft and trunnion.

The horizon definition which isbeing instrumented isbased on the following principle.

Blue light (350 millimicrons) is scattered in the upper atmosphere as seen from the

outside of the earth's atmosphere. The light intensity peaks when the grazing ray

altitude reaches about 15 km and decreases for higher altitudes reaching half of the

maximum value at about 32 km. Normalization of the profile to the maximum makes

the profile relatively independent of sun angle incidence. Horizon definition of this type

is expected to provide us with grazing altitude definition of 3,000-3, 500 ft. To get a

definition of the horizon to this level of accuracy, photographic experimental program

has been completed on two Mercury flights and on the X-15. Further experimental

equipment for the X-15 is presently under development.

To accomplish the horizon-based measurements, an automatic star tracker and

photometer is required. Figure 12-14 shows the major features of the star tracker and

photometer. The star tracker uses two crossed tuning forks for the modulation of the

incoming star light (Fig. 12-15). This signal is amplified and demodulated to provide

the error signal for the SXT servos. The other amplifiers are required to provide an

automatic gain control loop to keep the scale factor between star displacement and error

signal independent of star magnitude. The photometer (Fig. 12-18) also consists of a
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tuning fork (for light modulation) and signal amplifiers. Since the horizon is determined

by the altitude where the scattered light reaches about 1/2 of the maximum, a peak

detector and memory circuit is used to provide an automatic mark when the photometer

sweeps through the horizon.
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Section 13

OPTICA L SIMULA TIONS

R. J. Magee

This section deals with optical simulations already completed and those under

study by the Optical Section of the Optics and Navigation group.

To insure complete coverage of the optical tasks, as the optical simulation pro-

gram developed, the simulations were assigned to areas which represented the expected

sighting situations. These areas are as follows:

i. Aximuth determination, prior to launch, of the Inertial

Guidance System.

2. Earth Orbital Landmark Tracking.

3. Midcourse Navigation sights involving measuring the

precision angle between star and landmark.

4. Lunar Orbital Tracking.

5. Lunar descent and landing of the ELM.

6. Lunar launch alignment of the ELM.

7. Rendezvous.

8. Returning to Earth which includes any emergency or
backup measures.

Simulation work has been concentrated on items 3 and 6. This was done because

the optical system configuration depends largely on the photometric and angular accur-

acy requirements of these navigational tasks. The areas were then separated into Sex-

tant, Scanning Telescope, and Map and Data Viewer simulations. These simulations

were further subdivided into Photometry and Visibility of Targets, Aceurate Angular

Measurement by means of the instrument, and Specific Techniques for isolated problem

areas. Simulation and engineering analysis merge somewhere in the area. Simulation

is defined here as use of mathematical or physieal model to duplicate real system func-

tions.
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Sextant - Photometry and Visibility of Targets Simulation. The first experiment

was visibility of point sources against a field of high luminance by the unaided eye. This

was to verify the accuracy of laboratory simulation by comparison to data of proven

exactness. (Hardy Tiffany Data). The results were within a fraction of a stellar nJagni-

tude of the Tiffany Data.

The next experiment was visibility of stars in the daylight sky. The purpose was

to acquire and discern stars against a background of luminance comparable to that of the

sunlit earth or moon. This experiment used a telescope optically similar to the sextant.

Results showed the ability to discern the star Polaris against the noon daylight sky with

a 28X T-2 Theodolite. Other results were that instrument focus was sensitive to temp-

erature, and that a reticule pattern is desirable to help the observer properly focus his

eye.

The third experiment involved point source visibility against a field of high lumin-

ance by telescope in the laboratory. A star collimator was used along with a collimated

source of high luminance. The purpose was to determine if the calculated value of the

sextant beam splitter was satisfactory. Results showed ability to see a third magnitude

star against a sunlit moon.

The next experiment determined the visibility of a star superimposed on the moon

in different phases. This was an outdoor field test with Theodolite and beam splitter.

Results showed a 3.2 magnitude star could be seen against the sunlit moon. The beam-

splitter value was then changed to allow a 4. 3-magnitude star to be seen against the sun-

lit moon, and a 2.5-magnitude star against the sunlit earth.

The next simulation involved blinking the star or moon when both are superimposed

in the sextant. The purpose was to determine the usefulness of blinking either star or

landmark line of sight. Results showed star blinking did not aid, but moon blinking helped

to acquire the star when both were in the field.

The next experiment determined the angular accuracy of sextant alignment on

targets. The purpose was to determine the statistical distribution of alignment settings

of sextant on target by various observers. The results showed a Gaussian distribution

of settings for observations on a symmetrical target. The one-sigma limit was found to

be i. 4 seconds of arc.

The next experiment involved the accuracy of superposition of a star on a lunar

crater, using the breadboard sextant at night looking at the star Capella and the moon.

The two target features Plato and Plinius are shown in Fig. 13-1, the results are shown

in Fig. 13-2. The ordinate is the sextant trunnion angle, the abscissa is eastern standard

time in 10-min. intervals. The first angle measurement used star Capella and crater

Plato; trunnion angle was about 24 °. Each triangle or circle is an observation. The data
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was compared with calculations and a 12-sec-of-arc bias was found. Refraction correc-
tion was suspected; as temperature _,_u--":l-u_.L..... u,._,,=,.,._._ "_'__,..,_..... ,_ were not accounted for in

the correction. A significant feature was that the spread of the data deviates from the

straight line by not more than 5 or 6 sec. of arc for both targets.

The next experiment was the accuracy of alignment of the sextant with various

magnifications. The purpose was to determine accuracy on a target of low contrast.

The results showed an optimum magnification of about 28 - 30X for the aperture size

used. Range of magnifications tried was 24X to 40X.

The next experiment tested color filtering to increase landmark contrast. The

purpose was to verify calculations which showed color filtering would enhance the con-

trast of targets of the land-sea boundary type. Scanning such a landmark with a photo-

meter might produce a graph such as shown in Fig. 13-3. The ordinate is luminance,

the abscissa is the scanning position. The proper color filter reduces the apparent

luminance of the sea by a certain amount, while reducing the luminance of the land by a

lesser amount. This improves the contrast, where contrast is represented by the ratio

of the difference of the indicated values divided by the lesser value. Work is continuing with

several constraints. The filter must be in the landmark line of sight_ thus it must be

ahead of, or incorporated in, the beam splitter. Only one filter is to be used for all

landmarks.

The next experiment tested the accuracy of IX scanning telescope alignment.

The three-sigma value using 49 data points for the distribution of alignment of the reticle

on a star is 36 sec. of arc. This is greater accuracy than the resolution of the eye. It

has been found that an instrument may be more accurately aligned on a target than the

resolution of the system would indicate. However, good image quality and symmetry of

target are quite important in obtaining this precision.

The next experiment concerned the visibility of stars in the scanning telescope

when the earth was also in the field. The purpose was to verify calculations made on

ghost flux in the instrument due to the sunlit earth being in the field. Calculation pre-

dicted the ability to see a 4.5-magnitude star; experiment showed ability to see a star

of approximately 4th magnitude when no earth is in scanning telescope field. This was

without scattering shielding in the instrument, and it is felt the predicted results can be

achieved.

The next experiment was to determine the stellar magnitude visible in the field of

the sextant when the earth is also in the field. Preliminary data on the unshielded instru-

ment is shown in Fig. 13-4. The ordinate is stellar magnitude, abscissa is separation

angle between the star and the earth in the field. The angular diameter of the earth (a

bright circle) was 2 degrees; its luminance matched to that of the sunlit earth; the star
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was approximately the color temperature of Betelgeuse. Results showed a i. 5-to third-

magnitude star can be seen at 15 degrees from the earth with brighter stars visible at

greater angles.

The spread of data is partially due to the differenee of visibility criteria of the

two observers, and partially due to the observers themselves. Observer FM wears

glasses. A difference of a stellar magnitude between thresholds of two observers can

be considered typical ifthey differ somewhat in age and eondltion of eyes.
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Section 14

_Y_u'_ivl uHmCKOUT AND _'I_LD OIJ_RATiONS

L. S. Wilk

This section describes some aspects of System Checkout and Field Operations

as outlined in Fig. 14-1.

Figure 14-2 shows that MIT/IL will maintain responsibility for the Guidance and

Navigation (G&N) throughout its operation. There will be laboratories and facilities at

North American Aviation (NAA), at Grumman (GAEC), at the Manned Spacecraft Center

(MSC) and at the Atlantic Missile Range (AMR). In addition, at NAA and at Houston there

will be support systems for simulation studies. At AMR, as at all sites, MIT/IL will

provide operators for the ACE system. In toto, G&N checkout personnel will have five

seats at the ACE system; 1 NASA, 1 NAA or GAEC and 3 MIT/IL or P. C. 's. There will

be some G&N support at the IMCC. Field personnel will be rotated in an attempt to get

some field experience into any redesign.

The same kinds of tests are used in factory selloff tests, tests in laboratories

and tests in the spacecraft. Formal documentation is used. Critical parameters are

checked, including the following; zero, 90°, and one intermediate angle are measured

accurately on the trunnion axis of the optics. The scale factor and bias of the aecelero-

meters are checked; the drift coefficients of the gyros are also checked. The alignment

between optical lines of sight and accelerometer axes is checked. The gyro compass mode

is accurately checked in the laboratory. The final system laboratory test is performed

in the spacecraft configuration.

The flow of the equipment from contractor to post-flight analysis is described in

Figs. 14-3 through 14-8. The Computer, Display and Keyboards and the computer test

set are each tested separately; and then jointly as the computer subsystem. The tests

are performed according to a Final Test Method (FTM) and Acceptance Test Procedures

(ATP). At this point the government buys from Raytheon Mfg. Co. on a DD-250. At

Kollsman Instrument Corp. the Optics Assembly and Map & Data Viewer are tested and

sold off. The items are then shipped to AC Spark Plug.

AC Spark Plug manufactures and tests the IMU, the IMU control panel, the CDU's,

the PSA, the D&C electronics, G&N indicator panel, and the inertial subsystem test equip-

ment. Each is separately tested and then assembled into the inertial subsystem which is

tested in accordance with a Class A document, the Inertial Subsystem ATP.
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• Field Operation and Checkout Philosophy

• Equipment Flow

• Test Procedure Generation and Documentation

• Lab and Spacecraft Test Outline

• Field Functions

• AGE4 Test Results

Fig. 14-1 System checkout and field operations
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• Responsible for G&N Throughout Operation

- NAA/GAEC

- MSC

- AMR

- ACE Operation

- IMCC Support

• Rotate Design Engineers Through Field Assignments

• Mothers

, Design Specialists On Call

• Maintain Test Equipment / Procedure Continuity

• All Test Operations by Class A Documents

• Test Critical Parameters of Mission Requirements

• System Test in Spacecraft Configuration

• Test All Spacecraft Interfaces

Fig. 14-2 Field operation and checkout philosophy.
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Parts of tile PSA, CDU, D&C electronics and G&N indicator panel are also used

for further tests on the Optical Subsystem in the following manner. As the optical sub-

system comes in from Kollsman and after receiving an incoming inspection, it is assem-

bled on the Nay. Base and tested again at that level. Then it is assembled with the rest

of the equipment for the Optical Subsystem tests.

The M&DV and Computer are inspected when received; the Harness and Shroud

are individually tested; and then all equipment is assembled into a complete system and

the G&N ATP and FTM are performed.

Systems are shipped to NAA or GAEC, reassembled and tested with the same

G&NATP. After installation, spacecraft tests are performed. The first tests are

primarily on the G&N itself, supplied by spacecraft power and coolant, without particular

attention to any other spacecraft interfaces. Then combined system tests are performed

where all the interfaces are considered. Vibration tests are performed at NAA and at

GAEC (with the G&N operating) and finally Polarity and Phasing checks are made. The

various subsystems are then removed from the spacecraft and shipped separately to

AMR where each is again tested in the MIT facility, reinstalled into the spacecraft and

partially retested with the checkout procedures that were previously used. The system

will have static firing, radar boresight, weight and balance, environmental, polarity

and phasing tests, then proceed to the Vertical Assembly Building for space vehicle tests,

and then countdown. After the mission the G&N is removed from the spacecraft and a

post-flight analysis is performed.

Figure 14-9 shows how Test Procedures are generated and documented. Starting

with the upper left, the figure shows that test requirements are documented from various

sources. A measurements list evolves; and hardware configuration and laboratory tests

are devised. Spacecraft tests reflect a number of information sources; documents that

come from Cape Kennedy, NAA, GAEC, and various meetings. From these MIT/IL

writes a detailed Process Specification which is transmitted to NAA. NAA then writes

the Operating Test Procedures for use by ACE operators.

Various tests are performed in the laboratories and in the spacecraft. These

system tests are outlined in Figs. 14-10 and 14-11.

At the field sites there will be an MIT site manager (now called a Test Operations

Director), administrator, a chief engineer, contractor engineers, and support people

(Fig. 14-12).

AGE-4 is now assembled and under test. It is the first complete G&N system; at

the present time, it has a breadboard harness and a few other interim components. The

initial phase of testing will be completed and the system will be ready for shipment to the

MIT test facility at NAA in about a month. Some of the results of this operation are listed

in Fig. 14-13: the design has been verified, test procedures have been improved using
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• Check

• Check

• Check

• Check

• Check

Power Supplies

Temperature Control

Operation Of

Map and Data Viewer

Condition Lights

Panel Brightness and Lamp Controls

AGC and DSKY's

Optics - CDU Operation

• Check IMU - CDU Operation

• Check CDU - IMU - Optics Servo Characteristics

• Check Gimbal Response and Torque Level

• Measure IR IG Torquing Scale Factor

Fig. 14-10 Lab and spacecraft test outline.
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• Measure IRIG Drift Coefficients

• Measure PIPA Scale Factor and BIAS

• Check Optics - AGC Angle Measurement

• Perform Optics - AGC - IMU Alignment

• Perform Gyro CompassMode

• Check Spacecraft Interface

Fig. 14-11 Lab and spacecraft test outline (cont'd.)
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POSITION OR AREA

Test Operations Director (MITIIL)

2. Chief Engineer (MITIIL)

3. Site Manager (ACSP)

4. Lead Engineer (Raytheon & Kollsman)

.5. Bench Maintenance

6. Test Station Checkout

7. ACE (Post Installation Checkout)

8. Quality Control

9. Logistics

ACTIVITY

Provides overall technical directbn at the site, host

contractor coordination, long range planning, special

testing.

Assists T. O.D. in technical direction, resolution of

problems including failures, direction of special tests,

acting as single point of technical contact.

Responsibility for routine administration, test,

coordination and management of the site.

Senior representative of their respective companies;

under direction of Site Manager.

Area in the laboratory facility reserved for authorized

field maintenance.

To certify that the equipment is operating within

specified limits.

Support G&N tests conducted after installation in the

spacecraft and other G&N interface activities.

Assure safe handling and integrity of the G&N system

during all phases of site activities.

Satisfy support requirements of each site with facility,

manpower, and material assistance to accomplish the

necessary operations.

Fi E . 14- 12 Site functions.
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Status

Io Full Operation Except:

• Breadboard Harness

• Breadboard Computer
• Breadboard D&C Control Electronics
• Breadboard Support Fixture
• No MDV
• Interim Optics

2. First Phase Complete

25 April 1964

Results

• Design Functionally Verified
• GSEFunctionally Verified
• Lab Test Procedures Verified

• AGC Programs Proofed
• 390 Operating Hours
• 4 Failures

• 15 Design or Operation Problems Identified

Fig. 14-13 G&N 4 Test results. 25 March 1964.
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the system, and programs have been proofed with the breadboard computer. Operating

hours have reached 390 during which 4 failures have occurred while 15 prime problems

}lave been identified. The failures and problems are listed in Figs. 14-14 and 14-15.
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Failures:

a. Broken Solder Joint

{connection redesigned)
b. Diode Failure

(improper installation in breadboard item)
c. Transformer Failure

(poor test procedures - rewritten)
d. AGC - 4 Transformer Failure

{no direct course identified)

Problems:

].

2.

3.

4.

5.

6.

AGC Display Inconsistency

AGC Interface 102.4 kc Noise

AGC - P IPA Interface

AGC - Optics CDU Interface

PSA Servo Transient During Mode Switching

Ducosyn Excitation Voltage Amplitude

Fig. 14-14 G&N 4 Test results. 25 March 1964.
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7. PSA 102.4 kc Noise Coupling

8. Optics Zero Mode Ambiguity

9. Optics Reticle Lighting Inadequate

10. Optics Phasing

11. D&C Brightness Control

12. D&C Magnetic Amplifier +28 VDC Source

13. D&C Switch Reliability

14. CDU Manual Mode Operation

1.5. 6.4 kc Noise on Servo Error Signals and SCS Interface

Fig. 14-15 G&N 4 Test results. 25 March 1964 (cont'd.).
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Section 15

G&N FLIGHT DEVELOPMENT PROGRAM

J. M. Dahlen

This section concerns the flight development program. (A more complete descrip-

tion is given in R-434, G&N Development Test Plan.) Figure 15-1 shows the basic frame-

work of objectives which can only be attained in flight. The ground support operation re-

quires a similar verification.

Figure 15-2 shows the test objectives for the early unmanned flights. The pri-

mary concern here is crew safety (it is now agreed that Guidance and Navigation (G&N) does

influence safety). Objectives not critical to crew safety but to G&N development are also

shown. Ground tracking data will be used in place of optics data for navigation. The

automatic star tracker will periodically re-align the IMU.

Automatic control of the spacecraft, which is designed to be manned, is shown in

Fig. 15-3 and described here. Details are subject to change, but the basic concept is

illustrated. Control in unmanned modes will be performed by the Apollo Guidance Com-

puter (AGC) through peripheral equipment required to interface with the spacecraft (S/C)

systems. The AGC is responsive to ground commands and data via the Digital Command

System and the up-link; data go down via the down-linkand PCMtelemetry. Control of the

S/C will be performed by relay closures in the Display & Keyboard (DSKY) as directed

by the AGC. A S/C relay box will probably be required because the power requirements

are too high for the DSKY.

It appears there will be about 56 output functions from the computer. Three are

required for the reaction control system (RCS) to turn it on after separation from the

booster, dumping fuel tanks, and purging fuel tanks after entry. Stabilization Control

System (SCS) mode switching for various exercises, including direct control of the jets,

requires 14 signals. The electrical power supply (EPS) requires signals to purge fuel

cells, to switch to backup batteries, etc. The AGC backs up sequences performed by

the Earth Landing System and the Mission Sequencer. Inputs to the service propulsion

system (SPS) activate the gimbal motors, restart in case of rough combustion cutoff, etc.

The Environmental Control System (ECS) and the Telecommunication System (T/C) will

also be activated. Five inputs to the AGC are required. One input from the Earth Land-

ing System is altitude for the sequence start. It monitors two battery voltages. From the

SCS it requires indication of failure of the Electronics Control Assembly to switch to
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direct mode; and it requires a zero crossing signal from the AV counter to permit load-

ing this counter in the SCS AV mode.

North American Aviation wishes to get the command module back In ease of fail-

ure. This requires a secondary sequencer and backup alignment sensors. This sequen-

cer would be activated in the event of AGC failure to perform the functions which the

ground control link cannot perform. In case of non-AGC failure, it would control certain

dynamic functions, but the AGC would stillbe used. The backup alignment sensors will

probably be horizon sensors and sun-seekers to establish alignment. This automation

kit would be designed for 4-day maximum capability.

Figure 15-4 shows guidance error data for an unmanned circular orbit mission.

Error is expressed as a function of N orbits, that is, the number of orbits after 3. Ifthe

mission is flown without any updating the error is 42 + 14 N n.m. With up-link navigation

data, the error is reduced to 7 + 2.3 N n.m. This error is primarily due %o misalignment

of the IMU. The IMU is drifting, and every orbit beyond 3 adds about 2.3 n.m. of error.

If automatic IMU alignment is used the error can be reduced to one n.m. This is equiva-

lent to performance of the manned system.

Figure 15-5 shows the proposed elliptical orbit mission errors. This mission

would stress the heat shield more and may constrain the manned elliptical missions. A

parking orbit is assumed before going into an elliptical orbit of 3000 n.m. apogee. The

entry angle error is of interest to the heat shield people.

Figures 15-6 and 15-7 show test objectives for the C-IB manned missions. All

optical modes except the star-earth landmark mode may be performed in circular earth

orbit. The star-earth landmark sightings cannot be made in circular orbit, so elliptical

orbit missions are proposed to do this. In the elliptical orbit mission, the transearth

injection mode can be evaluated since it is similar to the elliptical orbit injection.

About a 3000 n.m. apogee is required for testing the SXT; at lower altitudes the

angle rate between star and landmark exceeds one milliradian/see which is the maximum

permissible for proper manual operation of the sextant. Also, the earth subtends a large

field of view at low altitudes making star acquisition difficult.

Figure 15-7 also shows Lunar Exeusion Module (LEM)test objectives, assuming

the ELM is available for rendezvous. Retrieval of the LEM by the Command Service

Module (CSM) would be the first objective. Afterwards, LEM rendezvous could be done

using the LEM G&N system. Fuel is marginal in these C-IB missions and this hinders

the test program.

Figure 15-8 shows the profile for an elliptieal orbit mission. The star-landmark

angle rate of 0.65 milliradian/sec corresponds to an apogee of 3700 n. m. , so the apogee

could be lower.
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Figure 15-9 shows the profile of a typical rendezvous mission. The assumed

_,_,,_ and ¢,,_i amounts are sUo TM Th_ {{_+ =+_p wn,,]d h_ C.qM _'eir]evs]. and would

not require a LEM descent propulsion system. This mission could be done in synchro-

nous orbit fashion.

Figure 15-10 shows a mission assuming complete systems on the LEM, thus re-

ducing its available fuel. The total fuel shown is for both craft and is very marginal.

Figure 15-11 shows test objectives for the unmanned C-V missions. The booster

would effectively carry the spacecraft through translunar injection after which the CSM

would separate and return to earth. According to present schedules a full LEM will be

carried on flights 502 and 503. It is proposed to get the LEM out of the adapter, and

exercise the propulsion system and the thrust vector control loops.

Unmanned C-V missions are shown in Fig. 15-12. The proposed mission plan

provides for a full mission sequence including insertion by the S-IVB, separation, retro-

maneuver by the SPS simulating an abort and finally a posigrade thrust to normal lunar

re%urn velocity. The total flight time is about 8-1/2 hours.

Entry errors for the mission just described are shown in Fig. 15-13. For the

all-lnertial case, the errors are intolerable. Position and velocity updating pulls the

errors down considerably; addition of automatic IMU alignment reduces the errors to a

minimum.

Figure 15-14 illustrates the guidance monitor capability which must be developed

concurrently with the G&N system. The guidance monitor capability (or system) is in its

embryonic stage right now. Both ground and in-flight monitor hardware and procedures

must be defined and verified. It now appears that gross malfunctions will be indicated to

the crew by direct displays, inoperable equipment or visual cues. Telemetry will per-

mit the ground to confirm indications that the crew receives. Degradation in perform-

ance poses a more difficult problem because it can only be detected after some time de-

lay. The sextant and ground radars, for example, supplement each other in confirming

powered maneuvers.

Figure 15-15 is a logic diagram of the objectives in the C-IB and unmanned C-V

programs. The unmanned flights demonstrate modes which constrain subsequent manned

flights. Manned flights demonstrate the balance of the G&N modes to qualify the system

for lunar operations. Each test involving a manned vehicle is constrained by a prior

demonstration of required abort modes.

Figure 15-16 shows the test objectives of the manned C-V missions. Because

transposition and docking is a manual operation, the spacecraft must be manned in order

to test the thrust vector control and attitude control loops for the full CSM and LEM con-

figuration. Landing evaluation requires an actual landing. One can attempt an unmanned
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landing first which, if successful, would reduce the risk in subsequentmanned landings;
however, a successful landing is much more probable with a full crew. Hencewe do not
recommend the unmannedlanding as a required first step before manned landing.

Programs and procedures (software) not demonstrated prior to the C-V flights
are listed in Fig. 15-17. These will not have been donein the actual lunar environment,
but they will havebeen donein earlier simulated missions. Equipment operation will
have been demonstrated, but the software for lunar operations is qualified by checking it
out on simulators which have been validated by comparison with actual results on earlier
missions.

The system would then be ready for a lunar landing attempt as described in
Fig. 15-18. The remaining unproven guidance dynamic loops can only be proven with a
man in the system and might just as well be tried on the lunar mission so far as G&N is
concerned.

Figure 15-19 summarizes the G&N viewpoint on mannedC-V objectives. The
G&N would be ready for a lunar landing attempt on the first mannedC-V mission. Other
considerations as indicated will be instrumental in defining the actual objectives, how-
ever.
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Section 16

POWERED FLIGHT GUIDANCE

This Section is in two parts. The first section constitutes a review to date of the

main development of powered flight procedures for the command and service module.

The second section covers, in more detail, the item of central interest; the development

of AGC powered flight programs.

PART 1

E. M. Copps, Jr.

Figure 16-1 is an outline of the analytical procedures used in developing the

powered flight portion of the Apollo Guidance Computer (AGC). The present status, as

indicated in the figure, is now in AGC program design. The development starts with the

synthesis of steering equations which meet the requirements of the Apollo mission.

Figure 16-2 lists three requirements that the steer law computation must meet.

A fourth requirement concerns computational economy, in order to meet speed and

storage budgets. Steering equations used for the Apollo vehicle meet these requirements.

The testing of the steer laws is first done in point-mass simulation, where vehicle

dynamics are neglected, and the concentration is on definition of steering algorithms and

boundary values. Translunar Injection, Deboost into Lunar Orbit, Transearth Injection,

S-IVB Backup into Earth Orbit, and Abort from Mideourse, all use the same steer law,

with redefinition of appropriate boundary values for each maneuver.
G

Figure 16-3 describes the steer law. The _-G and V% vector are aligned with the

appropriate sign sense to shrink the velocity-to-be-gained vector to zero. Cut-off oceurs

when the V G vector is zero. The _JG vector is obtained as the difference between VR

and _ as described in Fig. 16-4. Note that the V'R vector is defined in terms of the present

state of the vehicle, involving no prediction of future events. It is obtained by a solution

of the appropriate boundary value problem for an inverse squared central force field.

The V% vector, the time rate of change of the velocity to be gained, is formed by the

equation V% = _ - _T" The-b vector is analytically calculated along with the V---R vector.

The_- T vector is obtained by reading the inputs to the AGC from the Pulsed Integrating

Pendulum Accelerometers (PIPA's). The calculation of the vectors takes place in an

inertial coordinate system instrumented by the Inertial Measurement Unit.
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Detailed J

Flight I
Plan |

FLIGHT PLAN

STEER LAW SYNTHESIS

Essentially Complete

POINT MASS SIMULATION

Special Simulations Continuing

I

t
CONTR_OL LOOP SYNTHESIS

LINEAR STABILITY ANALYSIS, SAMPLIN(

LIMIT CYCLE ANALYSIS

I t Complete

AGC /C DU /ANALOG VEHICLE

COMBINED SIMULATION

i Complet_e

DESIGN

l Complete3 DIMENSIONAL DIGITAL SIMULATION

_ I _ C°ntinuing Eff°rt

' !1AGC PROGRAM DESIGN

j Beginning
J

ROPE CONFIGURATION

OPERATIONAL DESCRIPTION

FLIGHT TEST

t
SIMULATION
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Before engine ignition, the direction that the acceleration vector of the vehicle

should assume is calculated by the equations indicated at the bottom of Fig. 16-4. The

estimated magnitude of vehicle acceleration is an input to this calculation. After engine

ignition the direction ofa-T is unnecessary. Rather, the cross product of V--G and V%

yields an output which, when properly scaled, represents the magnitude and direction of

vehicle rotation required to realign the vectors.

Figure 16-5 shows the information flow from PIPA inputs to Coupling and Display

Unit (CDU) incremental rotations. Summarizing the process, incremental velocity infor-

mation from the PIPA's are summed and sampled at the beginning of the process. This

information is used to integrate the average G equations to obtain present position and

velocity of the vehicle: R & V.

R and V are inputs to the boundary value problem appropriate to the particular

maneuver, yielding the V--G and b vector. The PIPA information is differenced over the
z_V-

sampling interval_,to obtain _, an approximation to the-aT vector described in

Fig. 16-4. The V G vector is formed and the cross product is taken. The output of this

operation is an incremental rotation vector in stable member coordinates, A@sm. This

vector is transformed to obtain incremental rotation commands to the coupling data units.

The process is repeated once per second.

Figure 16-6 lists boundary values appropriate to the various maneuvers. Changing

boundary values changes the box in Fig. 16-5 called V%, -6 equations. The rest of the

calculation is common to all flight phases.

Figures 16-7, 16-8 and 16-9 are typical results of point-mass simulation analyses.

Two quantities measured are the fuel used in the powered flight maneuver, and the fuel

used in later velocity maneuvers because of inaccuracies in the completion of the present

manuever. Several optimum programs based on calculus of variations have been written

to test the performance of these equations. In all cases, the performance approaches

the optimum solution within levels that make it difficult to detect differences between the

planned solution and the optimum.

The next step in program development involves development of dynamical models

and the synthesis of stable well-behaved closed-loop systems. Figure 16-10 shows a

linear model for the AGC-controlled Apollo vehicle. Extensive llnear analysis was per-

formed using Z transform techniques, with linear approximations to the steering equations,

and to the vehicle. This analysis permitted the setting of basic stability parameters such

as sampling interval, loop gains, and compensation. Variations in performance of partic-

ular components were systematically studied for their effect on stability. Figure 18-11

illustrates a locus of Z-transform poles over loop gain for two values of CDU response

time constant. Nonlinear techniques were used to identify limit cycle magnitudes and

frequencies.
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I SAMPLE/SEC

I00 SECONDS TO GO

WV • 1.2 RAD/SEC
COU r • .6 SEC

i _ , SAMPLE/SEC

• I00 SECONDS TO GO

Wv= 1.2 RAD/SEC
CDU r = 12 SEC

- 0

Fig: 16-11 Z Plane Root Loci - Cross Product Steering
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Following this paper and pencil analysis, a single-degree-of-freedom combined-

analug/uig_La, ...................a_y_ was used to ÷_=+ ÷_ ap_{gn Figure 16-12 illustrates the analog

portion of this simulation, representing vehicle and kinematics.

Figure 16-13 illustrates the digital portion of the simulation. Note that an actual

AGC and CDU are used. The equations solved in the AGC are approximations to the actual

flight equations, but are dynamically indistinguishable from the planned equations. Figure

16-14 is a plot of data obtained from this effort.

The next step in the development consisted of a three-dimensional digital simula-

tion, representing the complete control problem with all significant nonlinearities. This

was written in floating point "MAC" 800 language and does not require detailed AGC pro-

gramming since it is not an instruction-by-instruction simulation.

The results of work on this program confirm the previous single-degree-of-free-

dom results.

PA RT 2

A. Kosmala

This section describes the programming of the powered flight equations. Figure

16-15 illustrates in block form the problem to be mechanized by the AGC. Velocity in-

crements from the PIPA's form the input data, and commanded CDU angles are the out-

put. The average G integration provides present position and velocity by updating PIPA

information, (although shown as part of the Powered Flight program, it is common to

other programs ine v G anu u u_L;u1_o H_ ..... t_...................

which is the fundamental steering mechanism. Outputs from this operation are trans-

formed into CDU coordinates by a routine which also keeps track of inertial attitude for

use with Block I CDU's.

Figure 16-16 is a summary of the equations mechanized by the Powered Flight

program. The time interval has been chosen small enough to allow differential equations

to be written in algebraic form. Terms with bars represent vectors with three components.

Figure 16-17 lists the main factors taken into account in writing the program. The

AGC operates in fixed-point arithmetic so that it is necessary to compromise the dynamic range

and resolution of the variables in order to prevent overflow. Timing is controlled by a

central waitlist program, and concerns real-time integration, critical phases such as

V G countdown, and scheduling of subroutines such as the CDU angle updating. Program-

ming is carried out in either Basic (machine) or Interpretive language. The Interpreter

is a collection of subroutines which provides vector, matrix, double and triple precision

operations not available in the Ii basic operation codes. Finally, the affixing of priorities

to routines, and mode control for the various mission phases must be determined in order
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Scaling Dynamic Rangeof Variables

Accuracy

Timing.
\

Integration w. r.t. time]

Time-Critical Phases

Scheduling

Waitlist

Programming Interpretive

Basic

Organization Priorities - Executive

Mode Control

Fig. 16-17 Important programming factors.
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to integrate all routines into the complete AGC program. This stage of complexity has
not yet been reached, so no such definitions have been incorporated into the first powered
flight program.

Scaling is a major hurdle in programming the AGC, and Fig. 16-18 illustrates one,
but not the only, method of scaling the powered flight equations. The maximum values of
the variable were determined by the requirement that operation near the moon or the earth
should not involve scale changes. The basic unit was arbitrarily chosento be one PIPA
increment of velocity. The maximum expectedvelocity was less than 218AV (about
1.5x 104meters/sec). This fixed the maximum value of the velocity register, and the
scaling of velocity. The basic unit of length became the AV sec. The maximum distance
was not expectedto exceed 233AV sec, (about 5x 105kilometers). Since a double pre-
cision register is 28bits in length, the resolution of length was thus 25AV (1. 872 meters),
which appears adequatefor all phasesof the mission.

The method of translating the problem equations (Fig. 16-16) into machine variable
equations is shownin the lower part of Fig. 16-18. The machine variable is treated as a
number less than one,i. e., a fraction. Any problem variable is then expressible as a
fraction of its maximum value (e.g., the expressions for V, PIPA and G). The method of
scaling is shownas applied to the R equation of the average G integration. Note that when
adjusting scale factors within an equation it is always desirable toshift to the right, or
away from the binary point, to prevent overflow of the most significant bits.

Figure 16-19is the flow chart for the powered flight program. The first action
is an initialization, e.g., of the variables _, R0, T0, of the control flags, and of the
Waitlist. The Waitlist acts as an alarm clock to call for the execution of certain routines
at specified times. Whena routineis called, it must reset the Waitlist for its next call.
The powered flight program consists of the average G routine and the steering computa"
tions, performed onceeachsecond,anda CDU servicing routine (commonto other pro-
grams) which updateseach CDU about twice per second. As the Powered Flight phase
proceeds the velocity to be gained, V%, gradually decreases in magnitude.[V_ is

t r

monitored every second and tested (an abortive condition is indicated in case of IVG/

to cut-off normal steering is stopped and the remaining iV d isincreasing). At 3 sees

"counted down" by checking it every 20 ms. (allowance is made for a finite thrust tail-

off). When zero (or negative) V G remains, the cutoff signal is sent to the engine and the

flags are reset. The program then returns to an idling average G.

Figure 16-20 is the breakdown of the powered flight program in terms of storage

space and operation times. (The figures are for Lunar Deboost steering only. ) Those

sections written in Interpretive language have the longest operation times. During pre-

countdown steering computer usage is about 63% of full time, while during the trial 3 sees

usage is about 11% of full time. When the program has assumed its final form, many of

the erasable locations will be shared, and the number of fixed locations and total com-

puter usage will have been reduced by optimization.
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The Instruction-by-instruction simulation of fhe AGC on the Honeywell 1800

was used in conjunction with simulations of the CIV[/SM, the CDUs, and the IMU fo check

out the preliminary powered flight program. The results are summarized in Fig. 18-21.

The standard of comparison of performance was a point-mass simulation of the Lunar

Deboos% problem, in which an Inertia-less vehicle was constrained to move so %ha% %he

cross product V--G x V--G was zero at all times. The "Actual" column in Fig. 16-21 indi-

cates figures obfalned by an exact solution of the simulafed motion of the CM/SM, and the

"Computer" column indicates values of the same variables as compufed by %he simulated

AGC-4 program. The simulation was made for the last 96 secs of the Lunar Deboos%

problem, and figures for the 93rd sec are compared. Agreement to within one AV

(0.0585 m/s) and one Rbif (1.872 m) is shown. Comparison of the "Point-Mass" and

"Actual" columns indicates the performance of the cross-product steer law when used %o

steer a "real" vehicle. Comparison of the "Actual" and "Computed" column indicates the

errors arising out of truncation and algorithm approximations in the AGC program.
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TABLE I

MEETINGS ATTENDED BY MIT/IL APOLLO PERSONNEL

Period 1 March through 31 March 1964

Date Location

2 March MIT

3 March Raytheon

4 March Sperry

5 March KIC

5-6 March S&ID

6 March ACSP

10 March AMR

10 March MSC

10 March MSC

l 0 March MIT

_0 March AMR

1 March MIT

11 March MIT

11-12 March MSC

12 March GAEC

13 March MIT

13 March AMR

17 March AMR

18 March S&ID

18 March MSC

23 March GAEC

23 March MIT

23 March AMR

24-25 March AMR

25 March NAA

25 March GAEC

25-26 March MIT

26 March AMR

31 March MSC

31 March MIT

31 March, 1April S&ID

Subj e ct

Status Review

Status Review

Status Review

Status Review

AGC/STU Checkout Bay Discussion S&ID/MIT
#89B

Status Review

G&N Prelaunch Checkout Panel

Acceptance Data Package

Failure Effects Analysis

Test Review Board

Checkout Plan Mtg (LEM)

Radar/LGC Interface (L35B)

Management Review

Reliability Program Plans

Radar Coordination Mtg between NAA & GAEC

Northeast Executives Visit

Checkout Work Group #5

Checkout Work Group (Special)

Entry Equation Discussion

Reliability Assessment

ARA Specs, L37B

Block II Change Requirements for GSE

Checkout Work Group (Special)

Checkout Work Panel #9

Checkout Work Group Mtg. #6

Dynamic Simulations

Design Review

Signal Conditioning Carry-on, 93B

Review of G&N Training & Motivat. Program

Analog Flight Telemeter Requirements, L38

Mechanical ICD's, Number to be Assigned
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BIB LIOG RA PHY

TECHNICAL PROGRESS REPORTS

No.

E- 1067

E- 1068

E- 1099

E- 1116

E-1117

E-1139

E-1140

E-1157

E-1177

E - 1199

E- 1236

E-1237

E-1238

E-1302

E- 13UL_

E- 1304

E- 1305

E- 1306

E- 1307

E- 1308

E-1378

E- 1389

E - 1410

E- 1445

E - 1474

E 1494

E- 1495

E- 1496

E- 1534

E- 1544

E - 1573

Monthly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Monthly

Monthly

Quarterly

Period Ended

August 11 through September 13, 1961 (C)

September 13 through October 4, 1961 (C)

October 4 through November 9, 1961 (C)

Period ended December 11, 1961 (C)

December 11, 1961 through January 16, 1962 (C)

January 16 through February 1962 (C)

Period ended March 11, 1962 (C)

March il through April 11, 1962 (C)

April 11 through May 1, 1962 (C)

Period ended June 11, 1962 (C)

June 11 through July 17, 1962 (C)

July 17 through August 21, 1962 (C)

Period ended September 11, 1962 (C)

September 11 through October 11, 1962 (C)

October 11 through November 13, 1962 (C)

Period ended December 11, 1962 (C)

December 11, 1962 through January 11, 1963 (C)

January 11 through February 11, 1963 (C)

Period ended March 1963 (C)

April 1963 (C)

May 1963 (C)

Period ended June 1963 (C)

July 1963 (C)

August 1963 (C)

Period ended September 1963 (C)

October 1963 (U)

November 1963 (U)

Period ended December 1963 (U)

January 1964 iU)

February 1964 (U)

Period ended March 1964 (U)
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