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GUIDANCE AND CONTROL OF SATURN LAUNCH VEHICLES
by

WALTER HAEUSSERMANN
Director of the Astrionics Laboratory
George C, Marshall Space Flight Center
National Aeronautics and Space Administration

ABSTRACT

The navigation, guidance, and control modes and problems of the Saturn
launch vehicles are given as the requirements for the guidance and control
methods. Two path adaptive guidance modes, featuring flight path optimi-
zation, in the form of a polynomial mode and an iterative mode are given in
their computation form and compared with respect to mission flexibility,
implementation requirements, and performance. Attitude control during
the propelled flight phases requires consideration of various bending and
sloshing modes; stability of the control system is obtained by phase stabili-
zation of the low frequencies and by attenuation of the higher frequencies.
Typical shaping networks and their transfer functions are given. The atti-
tude control system during coasting periods is briefly described. The func-
tional behavior and characteristic data of the main guidance and control
hardware such as the inertial sensors, stabilized platform, digital com-
puter, data adapter, control computer, and actuation system are described.
Reliability requirements are emphasized. The principle of redundancy is
extensively used to obtain highest reliability for long operating times. Data
and results from recent Saturn I flights summarize the performance of the
guidance schemes.

1. NAVIGATION, GUIDANCE, AND CONTROL MODES OF THE SATURN LAUNCH VEHICLE

The mission of the Saturn V launch vehicle is to inject the Apollo spacecraft into a translunar
trajectory and to provide navigation, guidance, and control functions until separation from the
spacecraft is accomplished. To perform this mission, the SaturnV is equipped with one navigation,
guidance, and control system, located in the Instrument Unit (IU) on top of the S-IVE stage, and
with various propulsion means (rocket motors and nozzles). Locations and some characteristic

data of this equipment are shown in Figure 1-1.

Mote: A conversion table of 51 units to English equivalents is shown on page 70.
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Figure 1-1, Saturn V Launch Vehicle.
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The Saturn navigation, guidance, and control system controls all stages of the launch vehicle.
It is an inertial system that can be updated by radio transmission from ground stations. The main
components of the inertial navigation, guidance, and control system are the stabilized platform, the
digital guidance computer and data adapter, and the control computer. The platform serves as an
inertial reference frame for attitude control and acceleration measurements. The digital guidance
computer performs navigation and guidance computations and generates control commands, including
discrete sequencing signals (engine cutoff, stage separation, ete.). During flight, information can
be inserted into the guidance computer from ground stations through a radio command link. The
control computer aceepts signals from the guidance computer, stabilized platform, rate gyros, and
control accelerometers to generate the proper attitude control commands,

The important hardware components of the navigation, guidance, and control system are de-
seribed in Chapter 4, The following discussion is a brief survey of the navigation, guidance, and
control modes of the Baturn Vflight phases. The sequence of flight events is illustrated in Figure 1-2.

More details and basic information are given in Chapters 2 and 3.

First Stage Flight :
The five engines of the first stage (S-IC) generate a total thrust of 34 x 105N. Attitude control

and guidance maneuvers are executed by swiveling the four outer engines.

On the launch pad, the vehicle always has a roll orientation fixed to the launching site. Thus,
after vertical takeoff from the launch pad, it must perform a programed roll maneuver to align itself
to the desired flight azimuth. About the same time, thetilt program is initiated by the guidance sys-
tem, which sends a pitch command to the control system. The rolland pitch commands are stored
in the guidance computer and are functions of time only. The first stage flight uses a standard tilt
program (open loop guidance) instead of closed loop guidance. Beginning with liftoff, position and
velocity data are computed from accelerometer measurements.

The vehicle traverses the dense portion of the atmosphere during the first stage flight only.
Structural loads from aerodynamic forces are kept within a tolerable range by controlling the vehicle
to achieve a minimum angle of attack. For the same reason, guidance corrections are not intro-
duced. Aerodynamic pressure reaches a maximum at approximately 12 km altitude (77th second
of flight time).

The control system keeps the angle of attack below the safety limit of 10 degrees by usinglateral
accelerometer control. Stable control conditions are achieved by proper location of angular rate
sensors and application of phase-shifting networks. Propellant sloshing is reduced by baffles in the
propellant tank rather than by active control.

Second Stage Flight
The five engines of the second stage generate a total thrust of 4.5 x 10°N. As in the first stage,

the four outer engines can be swiveled for attitude control and guidance maneuvers.

Beginning with the ignition of the second stage, a path adaptive guidance scheme is used at orhit
insertion to guide the vehicle on a "minimum propellant' trajectory to the aim conditions, which are
stored in the guidance computer. A detailed discussion of two guidance schemes that have heen de-
veloped is given in Chapter 2. Since the second and third stage flight is practically outside the atmos-
phere, where atmospheric disturbances and forces no longer exist, the function of the control system
is reduced to controlling the thrust direction as commanded by the guidance system, Control signals

from the inertial platform and rate gyros (in the Instrument Unit) are used.

Third Stage Flight

Main propulsion of the third stage (3-IVB)is provided by a single.9 x 105N thrust engine, similar
to one of the second stage engines, which can be swiveled for thrust direction control. Since roll con-
trol cannot be obtained with a single engine, itis achieved by an auxiliary propulsion system, which is
also used during coasting periods. This system uses six control nozzles (two for piteh, four for yaw
and roll) mounted body-fixed on the outside of the stage structure., The same guidance and control
scheme and system that serve second stage engine actuation are used for the third stage actuators.

The engine is ignited the first time after separation of the second stage. At this time, the vehi-
cle has reached approximately orbital altitude and the first burn of the 8-IVB provides the required
orbital speed. The guidance system commands engine cutoff when the vehicle has gained the pre-
calculated orbital velocity.

Acceleration, veloeity, and aerodynamic pressure for a typical Saturn V powered flight trajec-

by
tory into earth orbit are shown in Figure 1-3. The step in the T curve around 420 seconds is
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Figure 1-3. Acceleration, Veloecity, and Aerodynamic Pressure for a Typical Saturn V Trajectory.
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caused by a change of the propellant mixture ratio to increase the specific impulse which, however,
reduces the thrust and therefore cannot be applied earlier.

During orbital flight, tracking from ground stations of the Manned Space Flight Network is used
in addition to onboard navigation to determine the orbit of the vehicle. I required, position and ve-
locity information in the launch vehicle guidance computer can be updated from tracking data by

transmission from ground stations.

Translunar Injection
For injection out of orbit into a translunar trajectory, the 5-IVB engine is igniteda second time.

Re-ignition times for the S-IVB are computed in the vehicle's guidance computer for eachorbit. The
launch vehicle navigation, guidance, and control system guides the space vehicle during translunar
injection. However, the Apollo spacecraft navigation and guidance system can be used for injection
in case of a malfunction in the Saturn navigation and guidance system. Control of the space vehicle
is accomplished in the same manner as during the first burn of the 8-IVB stage.

Engine cutoff is commanded by the guidance system when the required injection conditions have

been achieved. The space vehicle is now on a predetermined "free-return" trajectory to the moon.

Transposition Maneuver and Separation

Within a period of approximately one hour after 8-IVB engine cutoff, the transposition maneuver
is executed. In this maneuver, the S-IVB/IU provides attitude stabilization for the I_auna.r Excursion
Module, while the Command and Service Modules are separated from the Lunar Excursion Module,
turned around, and docked with the Lunar Excursion Module. After completion of this maneuver,
the S-IVB/IU is disengaged from the Apollo spacecraft. Thus the launch vehicle missionis com-

pleted; its maximum total mission time is 6 1/2 hours.

2. SATURN LAUNCH VEHICLE PATH ADAPTIVE GUIDANCE
2.1 Introduction to Launch Vehicle Guidance Problems [1]

The problem of directing a space vehicle to accomplish a given missionis customarily discussed
in terms of three separate functions: navigation, guidance, and control. Navigation is the determi-
nation of the vehicle's state (e.g., position and velocity) from onboard measurements; guidance is
the computation of flight maneuvers required to achieve the mission goal; control is the execution of
the maneuvers called for by guidance.

The guidance scheme is represented by a set of equations programed into the guidance computer.
Input to these guidance equations is the navigation information defining the instantaneous state of the
vehicle. The required orientation of the thrust vector and the time of engine cutoff and re-ignition
are computed according to the guidance scheme.

Usually, many constraints apply to wvehicle trajectories and flight maneuvers. The initial

conditions of a trajectory are given by the location of the launch site on earth or the time of
launch from a parking orbit. To achieve the mission objective, the vehicle must meet certain con-
ditions at the ends of powered flight phases. A variety of such end conditions, depending on the par-
ticular mission, exists for space flight trajectories. For instance, the position and velocity vector
at the time of engine cutoff may be specified. Time may also be included; i.e., the vehicle must
meet the specified end conditions at a given time. In the Apollo mission, the end conditions for the
Saturn V launch vehicle trajectory are defined at insertion into earth orbit and at injection into
translunar trajectory. Both end conditions are functions of time because the launch point and the tar-
get (i.e., the moon) move through space. The orientation of the orbital plane is defined by the
center of the earth, the launch point, m;d the position of the moon at the desired time of arrival. To
achieve this plane, the launch azimuth must be a function of launch time. Figure 2.1-1 shows the
variation of corresponding parameters with time of launch for a typical situation. The specified end
conditions at orbit insertion can be expressed as direction and magnitude of the velocity vector and
altitude at the moment of engine cutoff, The end conditions can be considered launch time independ-
ent if the velocity vector orientation is varied by the launch azimuth. ;

The guidance commands required to bring the vehicle from its initial or instantaneous state to
the desired end conditions must be compatible with the constraints imposed by control and struc-
tural limitations, Therefore the Saturn launch vehicle does not use closed loop guidance during the
first stage propulsion phase. Consequently, comparatively large deviations from a non-perturbed
optimum trajectory can occur anda constraint to this trajectory would result in inefficient fuelutili-
zation. For this reason, the Saturn launch vehicle uses a path adaptive guidance scheme which
derives a new adapted optimum trajectory from the instantaneous state of the vehicle; thus the on-
board digital-computer system computes the flight corrections and the required end conditions con-
tinuously with a rate of approximately once per second during the flight.

Several path adaptive guidance schemes have been developed for the Saturn launch vehicle. The
polynomial guidance mode (PGM) and the iterative guidance mode (IGM), which are described in the

following sections, have been successfully flown in Saturn I vehicles.

2.2 Polynomial Guidance Scheme [ 2]

The polynomial path adaptive guidance scheme [3,4] was formulated to correct large vari-
ations in vehicle performance with good propellant economy and accuracy. The scheme pro-
vides guidance commands that cause a minimum propellant trajectory connecting the instantaneous:
position of the vehicle with the desired terminal point. The trajectory is generated from the instan-

taneous state variables and parameter values that are characteristic of the vehicle performance,

For a flight path outside the atmosphere, this performance is mainly a function of the acceleration
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Figure 2.1-1. Variation of Corresponding Parameters with Time of Launch for a Typical Situation.

n£1 and the average specific impulse of the engines Isp‘ Thus the optimum tra'jectary, starting at
a point which is defined by the position vector R and moving with the velocity R, is determined by
the initial conditions R, .ﬁ, E, Isp. t and the cutoff or end conditions 'Rc, ﬁc, t,. Associated with
the flight path are functions for the Eulerian angles Xp and Xy» which define the thrust direction
along the minimum propellant trajectory.

Under perturbations, the instantaneous points, from which minimum propellant trajectories can
start, fill a certain volume in space which therefore is also defined by the sum of all the possible
minimum propellant flight paths. To each point in this spatial volume belong thrust directions,
whichare a function of the instantaneous state variables and performance parameters R, i-l, nEr Isp,
t, and the trajectory end conditions, which may be constant data or a function of time. Thus the
guidance equations may be written in functional form for the thrust direction as

F

xp =f1[ﬁ‘ ﬁl E' ISD’ t]
(2.2-1)
- = F
X, =t R, R, &, Kpo 1)
and for the flight time to cutoff as
£ze b .
tg=15[R, R, 7=, I, th (2.2-2)

The initial values of the state variables andperformance parameters are updated continuously during
flight. If these functions can be found and solved during flight, the guidance commands will yield
the minimum propellant trajectory.

One technique of the path adaptive guidance scheme is to express the functions for Xp and Xy in
polynomial form. Experience has shown that the specific impulse may be omitted with negligible
loss in performance. Furthermore, the equation for the remaining time of propelled flight is not
needed as cutoff information for most applications. Instead, cutoff can often be initiated when the
vehicle velocity reaches a desired preset value. The path adaptive guidance equations then take the
form (for definition of coordinates, see Figure 2.2-1)

Xp =ALHAX ALY +AZ +AK AT+ AL +AB(£) + Agt + higher order terms.
y : : F (2.2-3)
Xy = B, +BX+RB,Y+BZ+BX+BY+BZ+ BE(E) + Bgt + higher order terms.

The coefficients of the polynomials are evaluated by perturbation techniques and curve fitting
procedures. A set of expected perturbations such as thrust deviations, weight uncertainties, one
engine failure in the multiengine first or second stage, and uncertainties in engine specific impulse
is selected for each stage of the vehicle (Table 2.2-1), A minimum propellant trajectory is calcu-

lated with the techniques of the calculus of variations for each perturbation and for all combinations

10



Table 2.2-1, Perturbations Used in the SA-7 Path Adaptive Guidance Mode Studies

STANDARD
Propellant Variation -5000 kg
Propellant Variation -2500 kg :',“\,';Tigm‘sﬂ
OF MASS
Prapellant Variation +1000 kg
Propellant Variation +500 kg
Structure Variation +5000 kg
Structure Variation +2500 kg
Headwind 3o
Tailwind 3o
Right Crosswind 30 . : i
¢1, Geodetie latitude of launch site.
Engine No. 3 Out 100 s (£,m,£) Inertial coordinate system established by the orientation of the accelerometers on the
Thrust and Mass Flow Variation 1% stabilized platform. This is the system in which measurements are made. This system
is parallel to the system (X,Y,Z) at launch.
!sp Variation 1% (X,Y,Z) Space-fixed coordinate system for guidance computations. The origin is at the center of
the earth, the Y axis is parallel to the launch vertical, the X and Y axes define the flight
of perturbations for the different stages. For a two stage vehicle, approximately 100 trajectories plane, and the Z axis is in the right-handed relation to X and Y.
are required. {U,V,W) Space-fixed coordinate system. The origin is at the center of the earth, the W axis is
directed toward the south pole, and the U and V axes are contained in the equatorial
The method of least squares is applied to fit the guidance command polynomials to these tra- plane. The V-W plane contains the launch point.
jectories. The polynomials are determined here from the minimum or zero condition of the ex- Figure 2.2-1. Guidance Coordinate Systems,
pression
- T - B, [%, 30 [ 35, 5
Z [¥pi = (A +AX +ASY +AZ +AX +AY +A,Z +A (55) +Ast+...)12 =0 (2.2-4) PR 2R 2F I8 S
'I =1 Xic X0 X0 xig X0
& degsm |degam £ degimidegim &
where n is the total number of points, Again, as mentioned in the preceding paragraphs, the least 60 |60 407 16

squares criterion does not insure a good curve fit and the polynomials must be verified on simu-
lated flights.
The number of terms, and the specific terms required, in the polynomial must be determined
from trial. Numeruus’trajecwry studies and some flight testing have shown that about 35terms are .
A0} B80F 80 20

required for each of the command equations 2.2-4 to insure good accuracy and propellant economy.

The principal disadvantages of the scheme are the large number of trajectories that must be

generated to produce the polynomials and the necessity for generating new polynomials for even < i e i il
minor changes in mission and vehicle characteristics. Moreover, each new polynomial poses a o A S S
time consuming task in reprograming the digital flight computer. Lt ] G L 0"\/,-;‘, 200 250 300 350 400 450 .g0meetT 350 sod
Engine cutoff may be initiated by the equation ~iobsesk sanb-—omk gk e -.".”..-'.F-'L.i(;H.T.‘.fl‘M.E.{;}”...--
Ve —szﬂ (2.2-5) —zol —apl —gol —job -4l S f_’_‘_p /
Figure 2.2-2. Sensitiviat; of the Guidance Parameters (Path Adaptive Guidance).
12
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where V, and Vrn are the magnitudes of the preset cutoff velocity and the measured veloeity, re-
spectively.

A block diagram showing the guidance equation for a single guided stage flying in a plane is
shown in Table 2,2-2, _ The sensitivity of some representative guidance command parameters Xp to

variations in the state and performance variables is shown in Figure 2,2-2,

Table 2.2-2. Path Adaptive Pitch Plane Guidance.

PRESETTING
Ay, Ag, Ag, Ay, Ag, Ag, Ar, Ay

MEASURED QUANTITIES

Ag, Mgy Mgy, Agp, Agg, Aggy Ags, Ay S
E v Ny E. t
(For definition of
coordinates, see
Figure 2.2-1)

Agr, Agg, Ay Agpy Az, Am, Agyy Ay
Ags, Aggy Ay, Agg, Agg, Ago, Agpy Ay, Agg

Ve

NAVIGATION AND AUXILIARY COMPUTATION
X,Y,2,X,Y, 2

Sig. §g, :.ig {components of gravitational acceleration)

(E] vehicle acceleration

TYPICAL PITCH COMMAND EQUATION

xp=A,+Azx+ASY+A4>E+A5‘}'+As%+A7t+AsXY+n95(Y

- . . 2 X
+ AR+ AXY + ARYY + A Fn? + Ay (%] + At + Aggt? ;
F ALK+ AGKYE 4 AgYR? 4 AV E 4 A, WX E s a,xv £
17 18 1] 20 m 2 m 22 m
- = o - * - . .
+ AgXY % + AgY (%) + ApX% + Ag YR + Ay YRt + AgyX Yt

” FY 2 s -
+ AgX % t+ Ay (ﬂ b+ AgXt? + ApXt? + AgyYit?

CUTOFF COMPUTATION

Vi =\ XP+ 12

VC-Vm=0

PITCH CONTROL SIGNAL CUTOFF SIGNAL
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2.3 Iterative Guidance Scheme [5,6,7,8,22,23]

The iterative guidance scheme was developed to meet the mission flexibility requirement of
large space vehicles with minimum propellant consumption. The same optimizing techniques of the
calculus of variations are used that were applied in the path adaptive guidance scheme. Experience
with hundreds of minimum propellant trajectories for various orbital injection missions has demon-
strated that the optimum thrust direction relative to the local vertieal is very nearly a linear func-
tion of time during vacuum flight. Moreover, the size of the angle between the optimum thrust
direction and the local horizon is never very large, as is shown in Figure 2.3-1, for an orbital
mission. These observations show a remarkable agreement with the mathematical results obtained
from the caleulus of variations when a flat earth model having a constant gravitational field is used
and position and velocity constraints are imposed at cutoff. A closed solution can be obtained with
this mathematical model and yields an explicit equation for the optimum thrust direction [9] . This
equation has the form

xp =arc tan (A + Bt) (2.3-1)
where yp, is the optimum thrust direction for minimum propellant consumption. Constants A and B
are determined by the specified cutoff velocity and position, the initial values of the state variables,
the vehicle thrust acceleration, and the engine specific impulse, The comparison of this equation

with the results of trajectory studies suggests the use of the approximation

Xp =A +Bt. (2.3-2)
50.0
l: X, =0rc tan (A+Bt) = A+Bt

450 P
e 40.0
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= y
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g 250 e S
E  20.0f =L
2
£ 150}
-
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Figure 2.3-1. Optimum Thrust Angle Profile.
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A guidance coordinate system (X, Yv‘ zv) (Fig. 2.3-2) is established with the origin at the
center of the earth and with the Y, axis lying along the vertical which intersects the calculated cut-
off position of the vehicle. - Simplified equations of motions are derived Lo approximate the motion
over an oblate earth with a realistic gravitational field. These equations of motion are solved during
flight to determine the instantaneous range angle to cutoff, the time-to-go to cutoff, and the gravi-
tational effects oceurring over the remaining flight time. This information is used to compute
values for A and B continuously during flight. In practice, only the value of A need be calculated
when computation rates on the order of one or more per second are used, except during the last few

seconds before cutoff when both A and B are computed and held constant over the remaining flight

{¥,¥) = SPACE-FIXED WNAVIGATION COORDINATE SYSTEM
(X, X, ) = SPACE-FIXED GUIDANCE COORDINATE SYSTEM

SUBSCRIPTS!
i= INSTANTANEOUS VALUES

¢ = TERMINAL VALUES
v " GUIDANCE COORDINATE VALUES

Yin)

X THRUST
P DIRECTION
Yy ) cutorr
VERTICAL

TRAJECTORY
e
~
~
~
Y

CUTOFF POINT
oN Yy Axis

X(£)

¥y
X,

Figure 2.3-2. Coordinate System of the Iterative Guidance Scheme.
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time. This is necessary because the equation gives an indeterminate command angle at the cutoff
point. A representative set of equations for pitch plane guidance of a single stage is shown in Tables
2.3-1and 2,.3-2[10] . A simple velocity presetting or energy equation may be used to initiate engine
cutoff. .

The gensitivity of the guidance parameter to position, velocity, and thrust acceleration is shown

in Figure 2.3-3.

3x%p (8xp| 5xp | 8xp| Bxp
Bx | Bx | 8y | ar | B
X107 | xi07} mi0-! | xi0=t| xio*t
daq/m 5| deg/in | dog/m 5™} deg/m |deg/m 5
60T LeOt .40
1401 1401 .38
1204 20t 30
50+ 1001 Loot .25
4ot .eot .80t .20

=0T -.201 —.20¢ 08

=.20F - A40F —40} -0

30T BOT BOF S

20t 401 401 .ot

[0t .20+ .20t .05

FLIGHT TIME (s)

Figure 2.3-3. BSensitivity of the Guidance Parameter (Iterative Guidance).
2.4 Comparison of the Path Adaptive Polynomial Guidance Mode (PGM) and the Iterative Guidance

Mode (IGM)

The overall guidance requirements for a given type of vehicle and its class of missions deter-
mine the most suitable guidance scheme. Both the PGM and the IGM schemes were designed to
accommodate a large variety of missions including earth orbits, orbital changes, lunar flights, and
deep space flights. The schemes were also designed for use with high thrust vehicles having one or
more guided stages and for various vehicle configurations and characteristics. Historically, the
PGM scheme was developed and flight tested first with excellent results. The IGM scheme was then
developed to provide more flexibility with less preflight computation than the PGM. The IGM scheme
was flight tested on SaturnSA-9 with excellent results and confirmed the predicted desirable charac-
teristics of the scheme.

A prime requirement of any guidance scheme is its contribution to accuracy. This requirement
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INPUTS FOR ASCENT

Vehicle Dependent Inputs (9)

T, = estimated first stage burning time
T, = estimated second stoge burning time
Te =coaost time between second and third stages
Vex; =90 Isp
Vexp =90 Isps
Wexny =90 Isps
Tz =npominal mg/mg
Ty =nominal my/my
7! :=estimated third stage burning time

+ ta parking orbit

Mission Dependent Inpuis (7}

ny =radius at cutoff
Wy =velocity ot cutoff
8¢ =path angle at cutoff
Kg =mission constant
i =inclination of cutoff plane
® =descending node of cutoff plane
Az =lounch azimuth

v

MATRIX TO TRANSFORM FROM PLATFORM
COORDINATES TO GUIDANCE COORDINATES

sin A, o cos A;
[a]= 0 1 0
| -cos Az 0 sin Az

| o] o]

[8]= 0 cosdo  singo

OF

o ~singy cosdg

sin@ cos® 0
| 0 0 |
[ cosi 0 sini
o | o]
-gini (o] cosi

J
|

(o] [e] [e] [4]
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Table 2,3-1. Iterative Guidance Mode Equations Flight to Orbit.

TERMINAL RANGE ANGLE CALCULATION

IN ORBIT PLANE

COORDINATE ROTATIONS

Lz =In[rz/lra-Ta)]
Jz =Vex, (rala=Ta)
Sp =dp~Tp Ve, L2
Qz =% Vex, Ty + 72 Sz
= Vos, / (F/M)

Ly = [ /5=

2y, (rib=-Ti)

-y
Si=d-T Vu| Ly
Q= %Vu. le"“'l 5,
L%= Vo, Ly # Vg, L2
B = -Si-de+MT+T)
Tier Ti+TetTg
L' = In[ 7/ (ry=T'1]
J' = Vg (eal'-TY)
T T'+ Tie
A= ey, L
Bp= VTH-J'+A'T' - Kglry-T'HA +V-VyIU

el

$y= orctan (xpp/ypp)+ ?I-F (8,+8;)

gy = ~#/ne?

cosdy -singy
[#e]= |sindr cosy
0 0

(K] =[#:][]

€ x i3
a| <[K|y| |9
[ z
& o
;’o":_ tige| + [K]
£ o

TIME TO CUTOFF
CALCULATION

]
o

-5

AE* = fr-E-ET"
T 1
Afxs -f-f,T*

2. 314 - W2 a2
s=§|:““ 1+ (A5%)2+(AEY _{I

“I'
AT =Glery=T')/Vyy,
Ty =T'+AT
T* =TRLAT

w1= Vy sin 8¢ velocity aolong ¢ oxis

éT = Wy cos ET velocity along £ axis

POSITION, VELOCITY, F/m &
p FROM NAVIGATION

N2, kY, 2, Fmop

PITCH AND YAW

ANGLE CALCULATIONS

|M = cos X+ Kysinxy

N = Kgqsin iy

Ap= MAy- NBy

Py == 5T Ve * 114y

Pz "%Tzz Vexp+dalrz+2T))

P3 = -3 Ta Vaxy + Jalra+ 2Tic)

Bp= MBy-N(T? Vexpla+
+TE Vexgls+
+R+R +R)

= (MC' - ND) sin §%p
Cp= (MC'-ND')cos Xp
Q= !'-_Taz Ve:;“ 353
Up s g1 Vgt 1 0
Uz = %Tz’\fuz*f-iz!rz*?'ﬁl
Us s £TaVexy +Q'lrs +2T;c)

Ky = BpEp/{ApDp - Bp Cp)
X;l' ;p-KI

Ep= n=ay+iT"+ Jigl"e -

Dp= {MD'-N[Uj+ Uz +Us# TS+ | Q3% T3 Veuy* Sylry+Tyo)
+TESy = (Ta+ THP+ Py +
* T Vool o) ATz Jeos %,

aé= aEn-Ear
b5y = 'ﬂil"igm-
AL= AL®-[qaT
%y = arc |an[Aif{A£hA&’l"z]
¥p= orcton (aq/aE)
Vexsls = \fnal."!-G

Ay= L*4Vgy Ly

Jy = J'+ TG

C' = Jz-AyT- B

Cy= C'cos 3

Ey= L+{T*+ 3" -C'sin,
B3= 49+ iVey,la

By = Jx+ TicVexsLs+3s
B4= @+ Qz- Tpdi + TiS2

B = BT+ Tl

S3* U3~ TaVexsla

D' = 3,-35+Q3
Dy* D'cos %y
K= ByEy !IA,D,-B,C,]

%" %k

CUTOFF WHEN V=V;
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I INPUTS FOR OUT OF ORBIT I

Vehicle Dependent Inputs (1) |

T' =estimated burning time out of
parking orbit

Table 2,3-2.

Iterative Guidance Mode Equations Flight Out of Orbit.

MATRIX TO TRANSFORM FROM PLATFORM
COORDINATES TO GUIDANCE COORDINATES

TERMINAL RANGE ANGLE CALCULATION —} COORDINATE ROTATIONS

IN ORBIT PLANE

(SEE TABLE 2.3-l)

Mission Dependent Inputs (28)

COMPUTE AT SECOND S-IVB IGNITION

M, =M +M, T+M, TZeMm T3
unit alm vector
M =Ry+R, T+R,T2+RyT?
aim vector magnitude
ey =6g+e T+ep T2+e,T>
nominal eccentricity
Cy =Co+C T+CT24+C5T?
cutoff enery
ry  =nominal radius ot time of ignition

K¢ = mission constant

COSA = cosine of angle before M to ignite

TIGA =cosine of ongle before M to begin
chill down

IGNITION
INHIBITOR
SWITCH

QUADRANT
TEST

AFTER PARKING ORBIT INJECTION
COAST UNTIL

oS A = —I-I-;—'-”nn'lsa

IGNITION OCCURS IN TIG SECONDS

M unit aim vector

M aim vector magnitude
ey nominal eccentricity
C3 cutoff energy

e =f (ey-D+1

eccentricity of cutoff ellipse

P =%’(s'—l} semilatus rectum

cosg* -J,-(ﬁ-l) true anomaly of aim vector

Kg =/u7p constant
N =LX¥ normal to parking orbit plane
DD =(N-M7INXM™1  constant
FF =N-M/INXMI® constant

b
s =[DD M-FF “*%;%(W -DD]!]cosﬁ* perigee vector

-Scosd™ .
S, = %:;“_ vector perpendicular fo perigee vector
C, =SX8§ normal to cutoff plane

Q1 =cos A;cosdy, i+sing, j—sin A; cos ¢, k earth spin vector
cosi=0-C, inclination of cutoff plane
I, =-cos Az sin B, i+cos B, |
+sin Az sin B, k vector to launch site
DN =C/x2 constant vector

(SEE TABLE 2.3-1)

Lz =In[rp/(22=T3)]
Ja ‘Va;atfz La-Tp)
Sp =dp-Tp Vex, L2

Qz=% VexpTz +72 S,

% = Ve, /(F/M)
Ly= [n[tl HHe=T, ]]
di = Vg, (miy-Ty)

TIME TO CUTOFF
CALCULATION

L]
Si=d-T V..I Ly
Q= ';’Von le“""l S
L%= Voy, Ly + Vou, L2
B = =S~ +HT,+T)
Ties Ti+Te+Te
L' = In[ry/(r5-T"]
J' = Vogy (r5Ll'-TY)
T T'+ Te
A=y, L
Bp= VTR—J'+A'T = K lry-T' WA + V-V

ol

é¢= arctan (xep/yep)+ # (8,+8;)

(SEE TABLE 2.3-1)

PITCH AND YAW
ANGLE CALCULATIONS

(SEE TABLE 2.3-1)

AD = ¢+

true anomaly

e sin AP
8= arc iun[lﬂum path angle
nr= p/(1+ecos AP) radius
1
Vr= Kgll+e2+2ecos ADE  velocity

A= Vr sin 8¢ velocity along 7 axis

é'r = Vy cos 8¢ velocity olong £ aoxis

@ =orc ton (21 3¥e=CILL) gescending node

— L

a =arc mn(%_ﬁ+§-‘-) angle from S to descending node
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can be met satisfactorily by either sch . C yuently, other characteristics of the schemes

must be considered in making a comparison; they include the following.

(1) Preflight Computation Required. The number of precalculated trajectories requiredto gen-
erate the guidance equations or guidance presettings is a significant consideration when mission
changes or changes in vehicle characteristics are to be expected as with the Saturn program. The
reaction time to mission changes or changes in vehicle characteristics increases with the number of
required precalculated trajectories. The PGM scheme requires approximately 100 to 300 precal-
culated trajectories, whereas only one or two precalculated trajectories are required to provide the
presetting for the IGM scheme. This is a significant reduction in workload and preflight prepara-
tion time.

(2) Flight Computation Required. Generally, explicit guidance equations demand extensive on-
board computation; practically, both IGM and PGM schemes require the same size, large digital
flight computer.

(3) Mission and Vehicle Flexibility. The PGM guidance equations generally must be regener-
ated when mission or vehicle changes occur. The explicit IGM equations are valid for large mission
changes and for vehicle modifications; only a few presettings need be changed for most applications.
These equations can also be formulated to accommodate large launch windows with less difficulty
than the PGM equations. The explicit equations of the IGM scheme are valid for any firing azimuth,
and the presettings are easier to change with firing azimuth than the polynomial expressions of PGM
that must be used in a general case.

(4) Propellant Economy. Minimum propellant trajectories that meet the mission requirements
are computed with techniques of the calculus of variations. One trajectory is calculated for each
expected inflight perturbation and the propellant consumption is tabulated. Corresponding trajec-
tories are then computed using the actual guidance equations to direct the vehicle to the desired cut-
off condition. The propellant consumption with each guided trajectory is then compared with the
propellant consumption for the corresponding minimum propellant trajectory. The excess propel-
lant required by the guided trajectories over that of the minimum propellant trajectories is a meas-
ure of the propellant economy of the scheme. When applied to a two stage vehicle designed to place
a payload of approximately 11,000 kg in a low earth orbit, both the PGM and IGM schemes require
only about 5 kg more propellant than the minimum propellant trajectory. Hence, both the IGM and
the PGM scheme have excellent propellant economy.

In summary, both guidance schemes are satisfactory for the SBaturn vehicles and missions.
They give good accuracy and excellent propell~ ' - The principal advantages of the IGM

scheme over the PGM are the increased flexibility in mec. .g changes in missions and vehicles and
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the relatively small amount of preflight computation required to generate the desired guidance pre-
settings. In fact, the scheme comes very close to providing a single flight computer program capa-
ble of functioning for all orbital or lunar missions.

3. LAUNCH VEHICLE CONTROL
3.1 Introduction to Launch Vehicle Control Problems

During propulsion, the attitude control system must orient the thrust vector appropriately rela-
tive to the vehicle such that the required attitude commands are performedin a satisfactorily damped
mode of rotation. Some of the problems arise because Saturn vehicles cannot be considered rigid
but must be treated as distributed masses connected by an elastic structure. Forces acting on these
masses resulting from atmospheric perturbations or active control of the vehicle excite the complex
spring-mass system and cause body bending. Since the structure possesses low damping, oscillatory
bending modes of considerable amplitude canbe produced, to which control sensors may be subjected
at their particular location. Thus incorrect information about the total vehicle behavior may cause
self-excitation and instability of the vehicle control system.

Another problem is that the vehicles are aerodynamically unstable during most of the propelled
flight in the atmosphere. As an example, Figure 3.1-1 is a plot of the center of pressure and the
center of gravity for the first phase of the Saturn V and shows that the vehicle is unstable except for
a short period of time around the 60th flight second.

The control system designer has further to consider that propellant sloshing exerts low fre-
quency forces on the vehicle, and excitation through the control loop must be prevented. Also many
vehicle characteristic data vary widely with time and the individual power stages; some can be pre-
determined only to a certain degree and tolerances must be imposed. Thus a wide operating range
of the control system must be provided.

3.2 Vehicle Motion Equations [11]

For the control system synthesis and analysis, the vehicle motions must be available in the
form of equations that serve as a mathematical model.

In establishing the equations, it is assumed that certain characteristic data can be treated as
constants or slowly time varying functions and do not influence the characteristic modes of the con-
trol system for the time interval under investigation. Furthermore, terms of a negligible influence
to the practical results are omitted.

The basic vehicle dynamics for small perturbations involve five basic ordinary linear differen-
tial equations.

(1) Moment balance equation for the rigid-body vehicle, coupled with sloshing mass and engine

mass reactions.
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(2) Force balance equation for the rigid-body vehicle, coupled with sloshing mass and engine
mass reactions.

(3) Bending mode equations for the disturbed elastic vehicle structure, coupled with sloshing
mass and engine mass reactions.

(4) Force balance equations for the propellant sloshing masses, coupled with rigid-body and
elastic reactions.

(5) Angular relationships between rigid-body dependent variables.

In addition to these basic vehicle dynamics, other equations are introduced which define the dy-

namics of the control logic, engine, actuators, and control sensors.

3.3 Control Scheme and Equations

The development of the control scheme and its equations demands investigations in two areas:
one covers the low frequency spectrum, consisting of the rigid-body control frequency and propellant
sloshing; and the other covers the high frequency spectrum, consisting primarily of the bending
modes, torsional modes, and compliance modes. After both areas have been analyzed, the effect of
crosscoupling is examined and any necessary adjustments in the system are made. The complexity
of the frequency spectrum as it exists, for example, on the Saturn V can be seen in Figure 3.3-1,
which shows the basie frequencies during the 'first powered phase. The frequency bands are the re-
sults of changing vehicle state conditions because of propellant consumption as a function of flight
time.

For Saturn V, the attitude/attitude-rate scheme is the basic control scheme and an accelerom-

eter is added as needed to approach either drift-minimum or load-minimum conditions [12] .

PITCH-YAW FIRST SECOND THIRD FOURTH
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‘I} 1 T i T T T T
2 3 * 4 ) 6 ¥ ]
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ZERO
T T T T T T T T
o
2 3 I 5 & T 8
ROLL CONTROL
FREQUENCY FIRST TORSIONAL MODE SECOND TORSIONAL MODE THIRD TORSIONAL MODE
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Figure 3.3-1. Frequency Spectrum During First Stage Propulsion.
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The control law for an engine deflection § is
B=a,a9 +ayé +gy¥ (3.3-1)

where A¢ and ¢ are the attitude error angle and the attitude rate and ¥ is the lateral acceleration
measured by a body mounted accelerometer with its sensitive axis perpendicular to the vehicle lon-
gitudinal axis; ag, ay, and gg are gain factors which must be properly selected to produce the drift-
minimum or load-minimum condition.

The control accelerometer is rigidly attached to the vehicle and measures the acceleration nor-
mal to the vehicle axis. The acceleration measured by this control accelerometer differs from that
measured by the guidance accelerometers, which are mounted on the stable platform and measure
accelerations with respect to an inertial space coordinate system. In simplified mathematical terms,
the acceleration sensed by the control accelerometer is

. N R’ s
7=;a+;ﬁ+la¢ (3.3-2)

where the first term is the partial acceleration from an angle of attack, the second term results
from the deflected thrust vector, and the third term is derived from the angular vehicle accelera-
tion with I, defined as the distance between the vehicle center of gravity and the body mounted accel-
erometer.

The design and selection of the control parameters for low frequency response is determined by
consideration of several factors, such as:

(1) The rigid-body control frequency should be sufficiently below the frequency of the lowest
bending mode to allow the design of shaping networks that stabilize the bending modes without ad-
versely affecting the control mode.

(2) The control frequency must be high enough to provide adequate vehicle response and to min-
imize trajectory dispersions caused by thrust vector misalignment.

(3) The control gains, which determine the control frequency, must be high enough to guarantee
that the operating point does not go below the static stability margin when tolerances in coefficients
are included [13] . )

Typical tolerances used in designing the Saturn control systems are;

(1) +0.3-caliber variation in the center of pressure location.

(2) 2+20% of the normalized force coefficient oy

(3) +0.15-caliber variation in the vehicle center of gravity.

(4) +10% variation in the control gains.

(5) +3% variation in engine thrust and/or loss of the thrust of an engine for multiple engine

systems.

Requirements 1, 2, and 3 are to some degree conflicting, and the selection of the control fre-
quency requires considerable evaluation and compromise before the final values are obtained. Thus
during the first propulsion phase, the control frequency had to be chosen from 0.08 to 0.2 Hz, Sim-
ulator studies indicated that these values give reasonable dynamic response while lower values cause
undesirably large dispersions in case of a thrust vector misalignment, The control frequency for the
second stage burn is also approximately 0.15 Hz; however, this value was chosen mainly in view of
first and second stage separation dynamics [ 14] . Preliminary indications are that the third stage
control frequency will range between 0.2 and 0.4 Hz.

The selected control frequencies determine the control loop gains, Typical gain values for the
Saturn V launch vehicles are given in Figure 3.3-2 and Table 3.3-1. The gains shown for the first
stage flight are designed for drift-minimum control during the high aerodynamic pressure portion of
flight. Changes in the attitude rate gain for the first stage, like the upper stages, will be by discrete
steps. The attitude gain a, and accelerometer gain g; will be programed time varying functions.

Damping with respect to the sloshing modes is obtained by providing baffles in the propellant
tanks, It has not been considered a practical solution to stabilize sloshing with the control system
[15].

SATURN V,FIRST STAGE BURN
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Figure 3.3-2. Gain Values for First Stage Flight.
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Table 3.3-1, Saturn V Control Gains.,

Second Stage Propulsion Period

t(seconds a,(deg/deg) a; (deg/deg s™1)
0 - 200 1.7 3.4
200 - 330 0.7 1.0
330 - 390 0.3 0,45

Third Stage Propulsion Period

t(seconds) a,(deg/deg) a, (deg/deg s71)
0 - 395 2.0 1.85
395 - 469.5 2.0 1.30 J

Stabilization of the Saturn vehicles with respect to bending and torsion modes is achievedby
shaping networks in each of the three control sensor channels, During first stage operation, the
first and second bending modes are very close to the control loop frequency; therefore, they will be
phase stabitized, whereas higher modes will be attenuated. During the second stage powered flight,
only the first bending modes will be phase stabilized and higher modes will be attenuated. The bend-
ing mode frequencies during third stage powered flight are higher than those for the other stages;
therefore, all the bending modes of this stage will be stabilized by attenuation. All torsional modes
are at a relatively high frequency and will be attenuated for all stages.

To provide the desired phase, it is necessary that the rate gyro be properly located on thé vehi-
cle. Figure 3.3-3 exhibits the Saturn configuration and the first two bending mode shapes. An ex-
amination of this figure shows that two accessible areas exist where the slopes of the first and second
bending modes have the same sign. One area is toward the rear of the vehicle and the other is in the
S-II/S-IVB interstage area.

Location of the rate gyro in the rear area of the vehicle would require phase lead of the rate
gyro signal towards the vehicle attitude to stabilize the first and second modes. This makes the
stahbilization of the higher modes difficult, as attenuation is inherently associated with phase lag.
If the rate gyro is located in the S-II/S-IVB interstage area, attenuation of the higher modes will be
easier because the first two bending modes will require phase lag from the shaping network.
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The same argument holds for selection of the rate gyro for the second stage propulsion phase
although only one mode will be phase stabilized. By placing the rate gyro in the Instrument Unit,
phase lag will be required in the shaping network for both stages.

As noted earlier, the attitude gyro is located in the Instrument Unit. Since the control loop gain
at the bending mode frequencies is much less through the attitude loop than through the rate loop, the
location of the attitude gyro is not as sensitive and is determined by the need to have one centrally
located unit for all stages.

The location of the body mounted accelerometer (used only in the first stage propulsion phase)
is determined by two factors. First, rigid-body stability analyses limit the distance the sensor can
be located in longitudinal direction from the vehicle center of gravity. Second, the phase sensed by
the accelerometer when located to the rear of t‘he vehicle center of gravity subtracts from the rigid-
body lead margin. Twolocations are provided for this sensor, one in the forward section of the first
stage and one in the tail section of the third stage; the final location will be selected after evaluation
of the dynamic test of the vehicle. The simplified block diagram shown in Figure 3.3-4 illustrates

* the basic partial control loops, one for each control sensor. F(A¢), F(¢), and F(7) are the shaping
networks necessary to stabilize the vehicle and a;, ay, and g are the total control gains illustrated

earlier. Figure 3.3-5 shows typical shaping networks and their transfer functions.

RIGID BODY

POSITION GYRO

RATE GTYRO @ E‘——@—

() I=rey)
ACCELEROMETER \3—2/ 1 Ftyll

TRANSFER FUNCTION OF
== COMMAND TO
B THRUST VECTOR 8,

Figure 3.3-4. Block Diagram of the Control Loop.

29

PITCH-YAW ATTITUDE ERROR CHANNELS

ei eo
. _
& _ ¢ (35 +1)
e 2
i 2
P2, L2xap ][B2, (2240
6 6 152 15
PITCH-YAW ATTITUDE RATE CHANNELS
e, e,
- .
(2)(.4)p
eq _ G[ﬁ*‘__w + r]
e. 2
i [£+ l”_p_+ (2)(3)p ,]
5 62 6
PITCH-YAW ACCELEROMETER SIGNAL CHANNELS
P oL 1R L (2)(3)p
e_o ) 6[4 + l][ﬁ + — 4 l]

T
&; [_p_+l][_p_2+(zn.4ip+, L
2.5 32 3 50

Figure 3.3-5. Shaping Networks.

30



1€

2E

‘Z-%° ¢ 2andig

*o180] Bumyorimg

r(
2 | T
2 | 2
z | ®
[=)
| 3
| £
m e | a
3 Ele
8 e | =
“ | E
L3
g L13
: . |2
I w
ni
— i 22 | ©
B3 ||.n
I"Ig E
4 g L
- E
2 -
= g
n Q
= g
& I q
> @ =
RS o
+ 2 g‘
o m 3
2 @ :
-
<
o
=
g
1
PITCH RATE

SIGNAL

. COAST PHASE DEADBAND

ZENER_DIODES)

YAW
ATTITUDE
ERROR
orR

PITCH 7—|—L
ATTITUDE |
ERROR -
OR
m:zgvsn f :
A MANEUVER LIMITER | |
i (ZENER |
DIODES) | |
YAW RATE X I
G -
SIGNAL COAST PHASE DEAD i I
| |
|

MANEUVER
COMMAND

ROLL
ATTITUDE

ROLL RATE
SIGNAL

BAND (ZENER
DIODES)

E
SE LIMITER
(ZENER DIODES) |

=

LMITER
(ZENER DIODES) |

MANEUVER
PHASE

7_|_Z

"COAST PHASE DEADBAND
ZENER _DIODES)

Figure 3.4-3.

N

- .'. — -4
MAGNETIC
AMPLIFIER

SUMMING
- WINDINGS

pue ‘A uimeg jo afejs pamyy 2yl Joj dooj jonjuod uoisindoad Arerpixne sy s1oidep J-%'¢ sandiy

Spatial Attitude Control System.

-0
o
3 £ 5
DO g o
——-—————-————-I rs =
me 5o
| il
I E w
o - =
i
cie | g 3
—m | B =
anm =
=
o= g [=] l m = %
= = | 8
| -l |
2 8
| g F
o
2e: | )
= | 03
m D .
02 | é
g2 T o g
3 5 B g
Ll 2 | - B = .
|| 3°8 i-| =
m 2 = &
| A ®
2 o -
|| g
P -
g
=
®
g
5
-]
5 B
z3 s
o dle] ®
o @
S m =
pr W
z
g
o
S
=
== H ug
3
+P
PITCH PULSE MODULATOR
(ON - OFF MAGNETIC AMPLIFIER)
ENGINE
SOLENOIDS
> il PITCH
| ! ENGINES
| |
| ENGINE
I AT : SOLENOIDS
| T
[ |
| |
-p
Bl e e |
I+ I A
a——
i L | gcommon
PR Rty o
| '. | B * L
| AN | - ENGINE ENGINE
| % | +R_|soLENOIDS soLEnOIDS | *Y R
: |
| A _ ; A — e
I ﬂ—_ L o COMMON
| _jj INPU 5 | 2
| | L | 8 [ |
| " | ENGINE ENGINE
i == I\ )« -r|soLencios SOLENOIDS | *Y 4R
| e |
| e e = < I ‘ T
YAW 8 ROLL PULSE MODULATOR W
(ON-OFF MAGNETIC AMPLIFIERS) kAR
ENGINES

S98BUq JENIYL MO PUE 1§80 SULIN [0TUOD PMINY S[PMBA F'§



Figure 3.4-3 depicts the three-axis scheme for attitude control during coast or low thrust
conditions .

To fulfill the requirement that the engines produce thrust pulses of either short or long dura-
tion, pulse modulators utilizing switching magnetic amplifiers are used to actuate the engine sole-
noids. Over a certain range of the pulse modulator input signal, the output of each magnetic ampli-
fier is both pulse width and pulse frequency modulated as a function of the input signal. Below this
range, the amplifier output is OFF and, above this range, it is continuously ON. Output A is posi-
tive for a positive input signal and output B is positive for a negative input signal; both outputs are
of sufficient voltage magnitude to actuate the engine solenoids. To provide this type of operation,
each magnetic amplifier has a preset amount of deadspace, a specified amount of switching hystere-
sis, and a first order lag feedback with a polarity (relative to the input signal) as shown in Figure
3.4-2. Both the amount of switching hysteresis and the feedback network characteristics are sized
to insure minimum impulse operation of the particular engines used.

The amplifier deadspace is adjusted for a permissible amount of control system attitude or atti-
tude rate deadband.

4. SATURN LAUNCH VEHICLE HARDWARE DESCRIPTION
4.1 Overall System and Signal Flow

Figure 4.1-1 exhibits the flow of signals and the main components of the guidance and control
system. WVehicle attitude and acceleration are measured by the inertial platform and its acceler-
ometers, converted to digital form by the data adapter, and processed by the digital guidance com-
puter.

According to the preprogramed guidance equations, the guidance computer determines cutoff
time and control command signals, which are converted from digital to analog in the data adapter.
Timed signals and cutoff are processed to the digital switch selectors in the various vehicle stages.

The data adapter can also accept signals from the command receiver to select alternate guidance

and control modes and to update information. -

The analog control computer shapes, mixes, and amplifies the guidance signals from the data
adapter, damping signals from the rate gyros, and control accelerometer information for angle-of-
attack control. Alternate guidance and control commands can be taken from the spacecraft instru-
mentation or from manual control. The summed command signals are furnished to the actuators of

the various vehicle stages.

The following sections describe in detail the major items of equipment performing guidance and

control in the Saturn booster.
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4.2 Stable Platform [16]

The S5T124-M inertial platform system provides the integrated acceleration data, inertial ref-
erence coordinates, and vehicle attitude measurements with respect to these coordinates for guid-
ance and control of the Saturn space launch vehicle. The system consists of two major assemblies,
the stable platform and the platform servoamplifier. The solid state electronics to close the plat-
form gimbal servoloops, the accelerometer servoloops, and an impulse funetion generator for auto-
matic checkout of each servoloop are contained in the platform servoamplifier,

The stable platform (Fig. 4.2-1) is designed so that it can be built as a three or four gimbal
platform, depending on the mission requirements. For the present version of the Saturn V/Apollo,
the three gimbal platform is sufficient. The inner gimbal of the platform is stabilized by three mut-
ually perpendicular single-degree-of-freedom gas bearing gyros mounted on the inner gimbal with
their input axes aligned along an orthogonal coordinate system X, Y, and Z, The output axes of the
gyros have been oriented with respect to the main thrust vector fof minimum error contributians by
anisoelastic effects. The inner gimbal further carries three gas bearing pendulous integrating gyro
accelerometers with their input axes aligned along the orthogonal coordinate system X, Y, and Z.
The measuring head of each accelerometer contains a pendulous single-degree-of-freedom gyro;
the position of the measuring head relative to the stable frame is a measure of integrated accelera-
tion along the input axis of each accelerometer.

The platform orientation system will align the ¥ vector along the launch local vertical; the y
vector points outward from the earth's surface. The laying system will position the inner gimbal in
azimuth so that the X vector will point in flight direction and the plane formed by the X, Y axes will
be parallel to the desired flight plane.

The Z accelerometer that measures perpendicular to the flight plane will provide cross-range
guidance. The X and Y accelerometer information will be used to obtain the pitch attitude of the ve-
hicle acceleration vector and the required cutoff velocity.

Figure4.2-2 is ablock diagram of the platform gimbal servoloop. The servoloops use a 4.8 kHz
amplitude modulated carrier system with the gyro outputs amplified and demodulated on the gimbals
of the platform. The dc signal is shaped in a stabilization network, remodulated at 4.8 kHz, ampli-
fied, and then demodulated prior to entering the dc power bridge. This dc power bridge provides a
current source drive for the direct axis de gimbal torquer to obtain a servoloop independent of tor-
quer heating and commutator brush resistance. A 4.8 kHz carrier was chosen to provide sufficient
bandwidth for the servt:;loop.

+X

+2
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FRAME

Figure 4.2-1,

FLIGHT
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Figure 4.2-2. Gimbal Servoloops.

The Z servoloop has the Z gyro output signal phase shaped and amplified in the servoamplifier
and sent to the Z pivot torquer (the innermost pivot of the platform) as shown in Figure 4.2-2. The
X and Y gyro output signals are resolved along the X and Y coordinates of the middle gimbal by a
resolver mounted along the Z or inner pivot. These outputs of the resolver are preamplified and
demodulated on the middle gimbal. The signal to the X servoamplifier is further amplified and fed
to the X or middle pivot torque generator while the Y servoamplifier drives the Y or outer pivot
torquer. No gain compensation such as secant ﬂx is used in the Y servoloop for middle gimbal
angles -45° < fy < 45°.

The servoloop signals to and from the platform are dc signals and are at a level high enough to
neglect slip ring noise and resistance variations. The use of de transmission was chosen to elimi-
nate pickup and cable problems.

Analog resolvers are used for angular readouts; the phase shifts of their output voltages are
measured by digital techniques. This method has been preferred to direct digital readout, for which
the present state of the art is not considered to be sufficiently advanced with respect to accuracy
and size.

For the demanded high readout accuracy, dual resolvers are used. They p two independ

ent two-phase windings inthe same magnetic structure, one for one-pole-pair and one for multiple-
pole pairs.

Prior to launch, the stable platform must be oriented into the measuring directions of the
accelerometers. In principle, this orientation could be carried out with the { and £ accelerometers
responding to the gravitational acceleration. However, the pendulous integrating accelerometer de-
livers the integrated acceleration; this signal has a 90-degree phase lag against the actual accelera-
tion and is disadvantageous for the erection servo control loop. Therefore, direct-measuring
accelerometers in the form of gas bearing supported pendulums are preferable. In addition to their
primary purpose, i.e, to sense deviations from the local plumb line, they are useful to cross-check
the £ and ¢ accelerometers. Thus two pendulums are mounted onthe platform inner gimbal and are
used to erect the platform to the local vertical.

For azimuth alignment, the inner gimbal contains a fixed prism and a servo-driven prism (Fig.
4.2-1). The fixed prism has its porro edge parallel to the X axis while the porro edge of the mov-
able prism rotates inthe X, Z plane. The movable prism is driven by a geared servomotor mounted
to the inner gimbal through a gear train of10%:1, and the angle between the prism and the inner gim-
bal is measured by a dual-speed control transmitter synchro.

The azimuth alignment block diagram is shown in Figure 4.2-3. After the inner gimbal is
erected to the launch vertical, the baseline azimuth is obtained by closing the encoder repeater servo
through contact D and the Y gyro alignment loop through contact A.
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Figure 4.2-3, Azimuth Alignment Scheme.,

The fixed prism error signal is transmitted .from the theodolite through contact A to the Y gyro
alignment loop, which will position the inner gimbal to the reference azimuth. At the same time,
the servoed prism error signal from the theodolite will drive the servomotor on the inner gimbal to
align the movable prism along the same baseline. The encoder servo will follow the dual-speed
synchro on the inner gimbal and the 18-bit encoder signal will be stored in the ground based digital
computer. This stored signal is a calibration of the zero alignment to eliminate transmission errors
in the synchro system.

The mission azimuth is established by opening contacts A and D and by closing contacts B and C.
The ground based digital computer determines the mission azimuth and directs the 18-bit encoder to
its desired shaft position. The error signal from the dual-speed synchro system is fed to the ¥
alignment loop and drives the inner gimbal to its mission azimuth as the servoed prism is held fixed
with respect to the optical beam from the theodolite or baseline azimuth,

The laying system has an accuracy of +20 arc seconds,

4.3 Gas Bearing Gyro [17]

The cylindrical externally-pressurized gas bearing provides an almost torque-free support for
the single-degree-of-freedom gyro. An obvious advantage of this support is that the weight and
therefore the angular momentum of a certain size gyro are not limited hy average density require-
ments for the float as in the case of the liquid flotation bearing. Consequently, maximum angular
momentum with respect to gyro size and high structural stiffness can be obtained; for specified
accuracy, comparatively high perturbation torques are possible. Furthermore, modest temperature
limits can be imposed to obtain constant accuracy; no need exists to compensate or recalibrate for
bias torques.

The gas bearing gyro (type AB5-K8) is shown in a cutaway view in Figure 4.3-1. Details of the
gas bearing assembly are displayed in Figure 4.3-2. Pressurized dry nitrogen gas enters the gap
between the cylinder (which contains the gyro motor and flywheel) and the sleeve through two rows of
millipore dises, which act as flow restrictors and provide the bearing stiffness. The gas flows
symmetrically to both end plates and escapes around the center openings of these end plates. Thus
the eylinder is supported in radial and axial directions.

The signal and the torque generators are of the ac type to avoid magnetic remanent torques,
which could oceur from de excitation. The signal generator is a shorted single winding sensor for
the angular displacement of the gyro about its output axis. The torque generator operates like an
eddy current motor and provides only alignment torques for initial erection.

Some gyro characteristics are shown in Table 4.3-1.
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Figure 4.3-1. Gas Bearing Gyro.
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4.3-2. Gas Bearing Assembly,
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Tahle 4.3-1. Characteristic Data of the Gyro and Accelerometer.

Item Dimension Gyro Accelerometer
Gyro Wheel
Type synchronous hysteresis |synchronous hysteresis
Angular momentum [em* gs™! 2x 108 1x 108
Wheel speed [rpm| 24, 000 12,000
Wheel execitation and power
at 26 V, 3 phase 400 Hz [W] 8 4.5
Gas Bearing
Gas pressure [Nem™] 10 10
Gas flow rate [em®/min]| 2000 2400
Air gap [em] L0015 to . 002 L0015 to . 002
Sleeve, end plate, and
cylinder material anodized beryllium anodized beryllium
Bignal Generator (end plate Monel)
Type 2 pole shorted turn 4 pole shorted turn
reluctance reluctance
Excitation (4.8 kHz) ¥l 10 i0
Sensitivity [mV/deg] 550 with 10 k@ load 285 with 10 k2 load
Float freedom [ deg] +3 +3
Torquer *
Type shorted turn reluctance | direct axis dc torguer
Normal erection rate [ deg/min] 6
Maximum torque [em kgl 1.44
Physical Characteristics
Bize [in.] 3 dia. by 4 length 3.25 dia. by 5 length
_ Mass lgl 900 1200
Velocity Pickoff - Optical
Encoder (redundant output)
Scaling [ms™! rev!) 800
Resolution [m s7!/bit) 0.05 s

4.4 Pendulous Integrating Gyro Accelerometer with Gas Bearing [17] (Fig. 4.4-1)

The gyro motor and flywheel of the gyro accelerometer are shifted along the spin reference
axis to obtain the desired pendulosity about the gyro output axis. The gas bearing containing the
gyro is mounted to rotate freely about the gyro input axis, which points in the measuring direction.
A signal generator measures angular deflections of the gyro about the output axis and controls the
servomotor on the gyro input axis. The precession angle is read out with high accuracy by an opti-
cal encoder with redundant readout.

A constant accelerometer scale factor, defined as velocity increment per revolution about the
input axis, is guaranteed by a synchronous spin motor supplied from a power source with crystal-
controlled frequency. To reduce temperature dependency of the scale factor, mechanical _tempera—
ture compensation is applied. An increase in pendulosity with temperature is balanced by the change
in angular momentum caused by the expansion of the gyro flywheel with increasing temperature.

Table 4,3-1 shows some characteristic data of the pendulous integrating gyro accelerometer.
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Figure 4.4-1. Pendulous Integrating Gyro Accelerometer.




4.5 Digital Computer and Data Adapter
4,5.1 Functions

The launch vehicle digital computer and the launch vehicle data adapter fulfill the computa-
tional and input/output requirements for the Saturn V launch vehicles. These units, which represent
one of the first applications of redundancy techniques in a large scale to operational hardware, also
assist in the ground and orbital checkout of the booster and spacecraft. The phases of operation of
the system may be considered in the sequence; prelaunch checkout, launch vehicle guidance, orbital
checkout, and translunar injection,

During prelaunch checkout [18] , the Saturn V system will be checked automatically through com-
mand from the ground launch computer, The onboard digital computer and data adapter system, in
conjunction with the ground launch computer, will be utilized to check itself as well as to assist in
the checkout of other subsystems in the Instrument Unit (IU), such as the platform accelerometers
and gimbal angles, the vehicle switch selector, and the radio command receiver. Furthermore, any
measurement normally telemetered from the IU or the third stage can be monitored through the com-
puter. Before launch, all communication between onboard and ground support equipment is handled
through the ground launch computer and/or the telemetry system. The ground launch computer
sends test variables to the airborne computer, which performs test operations as required from the
information and sends the results back to the groundlaunch computer via telemetry for verification.
Guidance constants areloaded in and read back for verification, Test programs are contained in the
computer for each mode, and a sequence simulating the actual mission is carried out to check parts
of each program.

The computer performs the calculations for navigation and guidance required for the launch ve-
hicle. During the major computation cycle (navigation and guidance loop), the instantaneous position
and the velocity vector are determined, and the required velocity direction is computed according to
a path adaptive scheme, The gravitational acceleration is computed and combined with the meas-
ured velocity, and coordinate resolution utilizing platform gimbal angles is accomplished. These
computations have a repetition time of approximately one second. In the attitude correction or minor
computation loop, commands are computed at a rate of approximately 25 times per second (Fig.
4,5.1-1). h

In earth orbit, the digital computer serves again to check out the IU as well as the propulsion,
attitude control, radio command, guidance, and telemetry subsystems. The computer and data
adapter sequentially initiate stimuli to each system and compare the telemetry data with prestored
go/no-go values. Any IU or third stage measurement that is telemetered can be read by the com-
puter and data adapter. Data and control information necessary for checkout may be inserted into

the computer from the ground via the radio command link.
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The computations required for translunar injection are similar to those used for guidance into

earth orhit.
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Figure 4.5.1-1. Major and Minor Computation Loops.

The data adapter interconnects the digital computer, the main guidance and control components,
the switch selectors, the telemetry system, the power supplies, the ground launch computer, and
the peripheral IU equipment; digital-to-analog and analog-to-digital econversion is included in this
interconnection assignment.

The computer system utilizes microminiature packaging techniques as far as feasible. Semi-
conductor chips are mounted on square ceramic wafers (side length 7.5 mm) on which interconnect-
ing wiring and film resistors have been deposited by silk screen printing and firing, The devices,
called unit logic devices, are soldered to multilayer interconnection boards. Each multilayer inter-
connection board has a capacity of 35 unit logic devices. Two multilayer interconnection boards are
bonded back-to-back to a supporting metal frame to form a logic page assembly. Multilaver inter-
connection boards and pages are joined by connectors to a central multilayer printed cireuit board
(Figs. 4.5.1-2 and 4.5.1-3).

For applications requiring extreme accuracy or large drive current capability, circuit modules
composed of conventional diserete components are utilized, These find greatest application in the

data adapter but are also used in the computer as memory drivers. The circuit modules are
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Figure 4.5.1-2. Unit Logic Device Buildup (Actual Size).

Figure 4.5.1-4. Page Assembly.

mounted on the interconnection boards previously mentioned. In volume, one circuit module page is
equivalent to three unit logic device pages. Figure 4.5.1-4 shows a circuit module page assembly. .

The magnesium-lithium frames of the digital computer and the data adapter are liquid cooled to
remove heat generated by the electronic componenfs. This cooling results in a low operating tem-
perature for the electronic components and thus in a high reliability for the devices.

The use of various redundancy techniques for further improvement of the reliability considerably
increases the number of electronic components required in a system. 'In the case of triple modular
redundancy, approximately 3.4 times as many components are required as in a simplex system.
5 : : However, with the application of redundant logic, several failures are possible without a system
i i 5 SNy : : failure. Thus, despite the increase of component failures with the number of components, a triple
a2 ; modular redundant system is more reliable than a simplex system by a factor of approximately
(3R-2R? )N, where R is the reliability of a module and N is the number of modules in a simplex

Figure 4.5.1-3. Multilayer Interconnection Board. machine. To guarantee effective triple modular redundancy before launch, component failures will
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be reported by disagreement detectors and the modules concerned will be replaced by the plug-in
page assemblies shown in Figures 4.5.1-3 and 4.5.1-4.

The following sections describe the computer and data adapter and show how these units are
integrated into the launch vehicle guidance and control system.

4,5.2 General Description of the Launch Vehicle Digital Computer
The digital computer is a serial, fixed-point, stored program, general purpose machine.
Special algorithms have been developed and implemented for multiplication and division[19] ; multi-
plication ig done four bits at a time and d.[vlsi;ln is done two bits at a time. The machine utilizes
random-access magnetic core memory, triple modular redundancy logic for the central computer,
and duplex memory modules, Ultrasonic glass delay lines are used as serial arithmetic regis-
ters and as dynamic storage for the instruction counter. The delay lines are used similarly to
" revolvers in a drum machine and provide temporary storage al relatively small weight and volume.
Salient characteristics of the computer are summarized in Table 4.5.2-1. Data words of 28 bits
(25 magnitude bits, 1 sign bit, and 2 parity bits) are used in computation, The memory is arranged
so that one data word or (wo instructions (each instruetion then contains a parity bit) may occupy
one 28-bit memory word.

Each memory module consists of fourteen 128 x 64 magnetic core planes plus the required
drive and sensing circuits. The basic module contains 4096 nonredundant 28-bit words. For flexi-
bility in memory size, the number of modules may vary from one to eight. With eight memory
modules operating in simplex, the computer has a memory capacity of 32, 768 words, which is equi-
valent to the basic memory capability of the IBM 7090 commercial machine. The memory modules
operate independently, allowing duplexing for higher reliability. Storage external to the memory is
located predominantly in the glass delay lines.

The reliability of the computer is predicated on the use of triple modular redundancy in the
central computer logic. Figure 4.5.2-1 indicates the organization of the computer from a reliability
standpoint. Calculations and simulations based on Monte Carlo techniques indicate a reliability of
. 996 for 250 hours (. 999966 for a six hour mission) for the computer logic and memory using triple
modular redundant and duplex technigues, respectively. For comparison, the equivalent simplex
logic has a reliability figure of . 955 for 250 hours. Theoretically, the reliability of duplex modules

3]3?..2 -2R3"
effect for values of R close to "one" and therefore negligible. Duplex redundancy, however, has

exceeds that of triple redundant modules by a factor but the difference is of a second order
limited application because of the problem of determining which one of the two units failed.

The triple modular redundant logic system uses three identical simplex logic channels and sub-
divides each channel into seven functional modules. The outputs from corresponding modules are

voted upon in voter circuits pefore the signal is sent to the next modules. Figure 4.5.2-2 shows
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Table 4.5.2-1. Computer Characteristics

Type
Clock

Epeed

Memory
Storage Capacity
‘Word Length

Data
Instruction

Input/Output
Component Count®
Reliability*
Packaging

Weight* [ kg]
Volume* [m?]

Power* [ W]

Add Time, Accuracy

Multiply Time, Accuracy
Mult-Hold Time, Accuracy 410 ps, 24 hit
Divide Time, Accuracy

Stored program, general purpose, serial, fixed point, binary
2,048 MHz clock, 4 clocks per bit, 512 kilobits per second
Add-subtract and multiply-divide, simultaneously
82 ps, 26 bit
328 us, 24 bit
656 ps, 24 bit
Random access toroidal core
Up to a maximum of 32,768 28-hit words in 4096 word modules
Memory word 28 bits: Two instructions may be stored in 1 memory word

26 bits plus 2 parity bits
13 bits plus 1 parity bit

External: computer-programed
Input/Output Control: external interrupt provided

40, 800 silicon semiconductors and cermet resistors
Up to 917, 504 toroid cores

0. 996 probahility of success for 250 hours using TMR logic and duplex
memory modules

Structure constructed of magnesium-lithium material, designed to house
73 electronic pages and § memory modules

30 (4 memory modules)
0.07

150.0 (4 memory modules)

*Figures given here are estimated values.
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Figure 4.5.2-1. Computer Redundancy Configuration.
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Cutaway View of Digital Computer.

PANELS

Figure 4.5,2-3.
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Disagreement detectors are used on module outputs as shown in Figure 4.5.2-2 to indicate a

failure in the system. Approximately 13 disagreement detectors are logically combined and fed to
a register in the data adapter. These signals are then fed to the telemetry buffer register for moni-

toring either before launch or in flight.

WITCH SELECTOR
DISCRETE
GROUND LAUNCH
COMPUTER
DIGITAL DATA
ACQUISITION
SYSTEM

COMMAND
RECEIVER
INPUTS

A cutaway view of the digital computer is given in Figure 4.5.2-3.

T

4.5.3 General Description of the Launch Vehicle Data Adapter
' The launch vehicle data adapter is the input/output unit for the launch vehicle digital computer

and communicates with other equipment in the launch vehicle and with the ground checkout equipment.

INPUT
MULTIPLEXER,

The data adapter is capable of transforming input and output signals acceptable to the digital com-

D

CORRECTION
s,T

!
SWITCH

puter and other interconnected equipment. It controls data flow, provides temporary data siorage

SELECTOR
DRIVERS

where necessary, and performs certain simple computational and logical operations on data. The

functions and interfaces of the data adapter are shown in block diagram form in Figure 4.5.3-1.
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either direction as required.

In i:articulal', the data adapter supplies data to and accepts data from the digital computer at a

P
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512 kHz rate upon command by the digital computer. It accepts and decodes data address signals '

from the digital computer and provides the digital computer with interrupts and miscellaneous con-

D

T

trol signals. It also accepts synchronizing signals from the digital computer and generates a sel of

timing signals that is in synchronism with those of the digital computer.

RESOLVER
CONVERTER
1)
DISCRETE
REGISTER

RESOLVER
INPUTS
ANGLE

Furthermore, the data adapter provides regulated dc power for its own operation and for the

digital computer; it also contains circuitry for channel switching, power supply switching, and se-

quencing. Data adapter ac power supplies excite the resolvers on the platform with sinusoidal volt-

1
ST

TELEMETRY

age.

A summary of the data adapter characteristics is shown in Table 4.5.3-1. o
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To improve reliability, various types of redundancy are employed throughout the data adapter.
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Figure 4.5.3-1 indicates the type of redundancy used in each part. Triple modular redundancy is
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employed in the flight critical portion of the digital eircuitry similar to its application in the digital

computer logic,

Power supplies are used in duplex redundancy; isolation diodes allow one amplifier to continue
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its operation in case of a failure of the other amplifier.
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Table 4.5.3-1. Data Adapter Characteristics

ITEM
Computer Input/Output Rate
Power Supplies

Switch Selector

Discretes

Buffer Register
Tag Register
Mode Register

Digital-to-Analog Converter

Analog-to-Digital Converter
Platform

Spares
Delay Lines

Telemetry

Comma.ad Receiver
Data Transmitter
Digital Data Acquisition

Input from RCA-110 Computer

Component Count
Reliability
Packaging

Weight [kg]
Volume [m?3]

Power without Computer [W]

DESCRIPTION
512-kHz serial
6 duplexed regulated dc supplies
2 ac resolver power supplies

8-bit switch-selector input
15-bit switch-selector output

7 interrupt inputs from IU
13 discrete outputs
32 discrete inputs

26 bits ) provides communication with
9 bits ) the RCA-110 ground control computer,
6 bits ) telemetry transmitter, and DDAS

8 bits plus sign, 2-millisecond operation, 3 attitude commands,

and 2 spare outputs
Equivalent of 17 bits from a two-speed resolver

4 two-speed gimbal angle resolver inputs
6 single-speed accelerometer resolver inputs
4 single-speed resolver inputs

3 four-channel delay lines for normal operations
1 four-channel delay line for telemetry operations

14 bits for input data

38 data and identification bits plus validity bit and parity bit

15 bits address plus validity bit for output data, 10 bits for
input data

39 data and identification bits plus validity bit for output data
14 bits for input data plus interrupt

37, 000 silicon semiconductors, cermet resistors, and other
special components

0.99 probability of success for 250 hours of operation; uses
TMR logic, duplex special circuits, duplex power supplies

125 electronic page assemblies plus special electronic
assemblies

80
0.1
320
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4.5.4 Functional Aspects of the Computer System

This section discusses some of the functional aspects of the computer and data adapter and
indicates how they are integrated into the overall vehicle system. The cases considered represent
only typical functions.

The primary purpose of the computer system is to issue control commands and flight sequence
signals to the vehicle system during flight. These signals can be considered dynamic in nature be-
cause they result invehicle motion or action. Other functions can be considered passive, but never-
theless are of extreme importance. They include the operation of the computer system with the
telelmetry system, the ground launch computer, and the radio command system. The ground launch
computer is used during ground checkout, whereas the radio command system and the telemetering
system are operational in ground checkout as well as in flight.

The control commands are evaluated in a major and & minor computation cycle. During the
major cycle, which oceurs approximately once per second, a solution to the guidance equation is
obtained. The guidance equation is a function of vehicle position (ﬁ), vehicle velocity (t;lj. accel-
eration ().%), and real time (t). All parameters, with the exception of real time, are derived from
the velocity measurement inputs; time is accumulated in the data adapter. Other operations per-
formed during the major loop are vehicle sequencing for flight events, discrete outputs, telemetry
outputs, and miscellaneous control functions within the data adapter.

During the minor loop, the vehicle attitude correction is computed. Attitude correction outputs
ﬁ'px,y,z' shown in Figure 4.5.4-1, are dependent upon platform gimbal angles ex.y.z and upon
the result of the guidance equation calculated in the major loop. The minor loop calculations are
made approximately 25 times per second. The attitude correction signals must be updated often
enough that the frequency of the discrete steps is above any critical frequency caused by sloshing
and bending of the vehicle and that the attitude correction change occurring between any two sampling
periods is small. These criteria are necessary to prevent the discrete nature of the attitude cor-
rection angles from causing any perturbations in the vehicle attitude or causing the vehicle to be-
come unstable.

As indicated in Figure 4.5.4-1, the digital computer is stepped through the computation cycles
by a set of instructions stored in the computer memory. If the digital computer is in the major
computation loop, it will obtain vehicle velocity information from the optical encoders (optisyns)
and accelerometers on the stabilized platform. These optisyns generate electrical square-wave
signals (gray code) which indicate the rotations of the accelerometer shafts. These optisyn signals
are converted into true binary numbers in the data ads.pt_er. The resolution of the converted accel-

erometer data is 0.05 m/s.
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Figure 4.5.4-1. Navigation and Guidance Computations.

The velocity readings from the platform integrating accelerometers are combined with the
gravitational acceleration to yield the velocity components 5{. i’, i, which are accumulated in the
computer, By time integration of the veloecity components, the vehicle position R (X, Y, Z) is com-
puted.

To obtain the thrust acceleration % required for guidance computations, the velocity readings
are differentiated (division of the incremental velocity readings by the time elapsed between two
readings). From the resulting acceleration components, the term % is computed by taking the
square root of the sum of the squares (Fig. 4.5.1-1).

Real time is accumulated in a delay line in the data adapter by counting computer phase times.
Whenever the accelerometer optisyns are read, the real time inerement in the data adapter is also
read. The realtime increments are combined in the digital computer with the old values to produce

the new values of real time that existed when the accelerometers were read.
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The discussed values such as real time, absolute accelerat.iou, vehicle position, and vehicle
velocity are used during the major loop computation to calculate the desired gimbal or y angles.
These x angles are used during the minor loop computations.

During the major computation loop, the digital computer also selects and reads the coarse gim-
bal angle resolvers located on the stabilized platform, The resolver signals are selected and gated
through the multiplexer by energizing a set of data address lines with a digital address.

The computer program enters the minor loop by a signal from the minor loop timed-interrupt
counter. The computer stores inthe counter a number that is counted down to zero. When it reaches
zero, a signal is sent to the digital computer that causes it to switch from major loop computations
to minor loop computations.

The signal also selects the first fine gimbal angle resolver and gates the resolver signal through
the multiplexer to the counter. By the time the computer processes the interrupt and switches to the
minor loop, the first gimbal angle reading is in the counter and is ready for use by the computer.
The computer data address that gates the counter reading into the computer also gates the next fine
gimbal angle resolver signal through the multiplexer to the counter.

The fine gimbal angle readings are combined in the computer to form the total gimbal angle.
This value is compared to the coarse gimbal angle readings as a check against failures. The gim-
bal angles (8

X L y ? Z
putation loop to obtain attitude correction angles.

) and the extrapolated values of the y angles (xx ¥ z} are used in the minor com-

After the attitude correction angles are computed, they are sent to the attitude correction con-
verter in the data adapter, converted to analog signals, and routed to the proper output channel by
data address signals from the digital computer.

As previc—msly stated, the rate at which the attitude correction signals are updated is an impor-
tant factor for vehicle stability. The attitude error angles are updated 25 times per second or every
40 ms. The minor loop program regquires approximately 18 ms to read all the fine gimbal angles
and compute the attitude correction angles.

After the three attitude-correction angles have been sent to the data adapter, the digital com-
puter enters a number into the minor loop timed-interrupt counter. This number represents the
time-to-go to the beginning of the next minor computation loop. After this operation, the computer
program returns to the point from which it left the major loop and continues major loop computation

until another minor loop interrupt is generated by the minor loop timed-interrupt counter.

4,6 Control Computer and Control Sensors [ 20]
4.6.1 Control Computer

During powered flight, the incoming analog signals are filtered and summed with the proper
polarity and relative gain factors in the control computer to form individual commands for each
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Figure 4.6.1-1. Elements of the Control Computer.

hydraulic servoactuator of the engine gimbaling system. Figure 4.6.1-1 shows a diagram of the
major elements of the control computer required to form the command of one axis only for one
engine servo. Figure 4.6.1-2 shows a functional sketch of the actuator orientations on the different
stages. Simultaneous equal commands to the pitch or yaw servos result in net thrust deflections in
the pitch or yaw plane. For the first and second stages, roll torques are initiated by simultaneous
commands to the pitch and yaw servos. Roll torques are produced from the auxiliary propulsion
system during the third stage of flight.

The signal shaping or filtering of information obtained from the stable platform, rate gyros,
and body-fixed control accelerometers is performed by passive RLC networks. The primary pur-
pose of these shaping eircuits is to stabilize the vehicle structural bending either by attenuating the
signals of frequencies near the bending modes or by phase shifting them. A typical filter that might
be used to compensate the output of a rate gyro is shown in Figure 4.6,1-3, From the Bode plot, it
is apparent that the filter will have very little effect in the frequency range of the dominant control
mode; however, it supplies sufficient phase lag to stabilize the first bending mode and sufficient
attenuation to stabilize all higher bending modes. The filters that are typically used to compensate
the attitude error signals and body-fixed accelerometer signals are less complicated since bending
pickup of the stabilized platform is less severe and the band-pass requirement on the accelerometer

control loop is small.
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The modified pitch and yaw input signals are superimposed on the corresponding roll signals as
required for individual actuator control by magnetic amplifiers. Since the magnetic amplifiers are
current summing devices, the attenuation circuits are simply series resistance. To provide gain
factor adaptation, provisions are made for changing this resistance discretely or continuously as a
function of flight time. The continuous resistance programing with time is accomplished by a syn-
chronous motor driving a potentiometer through a cam mechanism.

After the signals have been processed in the magnetic amplifiers, transistorized power output
stages provide direct current drive to the engine position servos of thefirst stage; after separation,
switchover to the second stage servos occurs. The third stage of the Saturn V has only one control
engine and therefore two position servos. Thus six of the servoamplifiers are available to provide
a triple redundant driving circuit for each servo.

During coasting periods, the torques needed for attitude control are supplied by an auxiliary
propulsion system composed of six small hypergolic rocket engines oriented as shown in Figure
4.6.1-2, The control computer supplies individual firing commands to each of these engines based
on a switching scheme designed to minimize fuel consumption. Provisions are made for automatic
control or manual control from the Apollo spacecraft. The nonlinear switching characteristics con-
sist of a first order lag circuit in a negative feedback loop around an electronic relay which has

variable deadband and hysteresis. All components of the control computer are triple redundant.

4.6.2 Rate Gyros i
Vehicle angular rates are obtained by use of rate gyros to provide the damping necessary for

stabilizing the vehicle control system. Rate information is often achieved by eleetrically differenti-
ating the analog attitude signal; however, the digital nature of the Saturn attitude reference system
does not readily permit electrical differentiation. Also, rate information obtained from a location
different from the attitude sensing location may be required to adequately stabilize the vehicle elas-
tic modes.
. Two features have been added to the conventional fluid-damped rate gyro for preflight testing.
The first is a torquer about the output axis to produce a signal from the microsyn sensor. Excita-
tion of the torquer stimulates signals from the rate gyro output to the control system. The second
feature is a gyro speed indicator, consisting of four small permanent magnet slugs symmetrically
spaced around the spin motor wheel; the frequency of the voltage induced in a coil locate(; in the gyro
housing is a measure of the gyro motor speed.

A triple redundant arrangement with three rate gyros for each of the three vehicle axes has been

selected for angular rate measurements in the IU during orbital and injection phases in contrast to

the nonredundant rate gyros in the short-life stages.
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4,6.3 Control Accelerometer

The control accelerometer consists of a spring supported mass constrained to move linearily
along one axis and is designed to have approximately 0.1 mm travel for the total acceleration
range. The motion of the spring-mass system is fluid damped. Inductive pickoffs are mounted
symmetrically and sense the displacement of the spring-mass system. The two inductive elements
constitute one half of a bridge type detector. The secondary windings of a 400 Hz transformer com-
plete the bridge detector cireuit, whose output is demodulated and amplified.

The accelerometer also contains an internal bidirectional electromagnetic coil that, when ex-
cited, produces a force on the accelerometer mass along the input axis. Thus an acceleration can
be simulated for testing proper accelerometer operation up until a few seconds before actual flight.
The force coil also provides the input for operating the accelerometer in closed loop guidance and

control simulation tests.

4.7 Thrust-Vector-Control Servoactuators [ 21]

The angular direction of the thrust vector of high thrust engines (over 0.5 x 105 N) is best
controlled by swiveling the gimbal-mounted propulsion engines. This control is obtained by linear
hydraulic servoactuators in the pitch and yaw planes.

The actual arrangement of the actuators for the multiengine first and second stages and the
single engine stage of the Saturn launch vehicle is shown in Figure 4.7-1.

During operation of the rocket engine, the hydraulic power supply is usually provided by a hy-
draulic pump driven by the engine turbine and an accumulator-reservoir to cover peak loads. An
auxiliary pump, driven by an electric motor, provides hydraulic pressure for static checkout of the
hydraulic system.

This conventional scheme has been applied for the second and third stage control engines; the
hydraulic pressure has also been selected conventionally to 2500 Nem™. For the first stage en-
gines, the hydraulic pressure is received directly from the fuel turbopump al 1400 N em™2; the fuel
is used as hydraulic fluid. The available low operating pressure requires a large servovalve and
actuator piston area; however, the pressurization system is very simple and even the accumutator-
reservoir can be omitted as a result of the almost unlimited availability of pressurized fuel.

The servoactuators for the Saturn stages have been designed with mechanieal feedback to re-
place the conventional electrical feedback to the driving amplifier located in the control computer.
The hydraulic valves employ negative feedback of the actuator piston pressure to reduce actuator

resonance resulting from structural compliance and fluid compressibility.
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Fieure 4.7-1.

5. BUMMARY
5.1 Flight Results

The path adaptive PGM guid: h and the guid and control system have been flight
tested on Saturn I vehicles SA-6 and S8A-T with excellent results. The mission of these two vehicles

was to Inject the payloads into near circular earth orbits. The PGM scheme was employed for guid-

ance in the flight plane, and delta-minimum guidance was employed in the cross range direction.
Delta-minimum guidance constraing the vehicle to a reference flight path. The POM guidance poly-
nomial for SA-7 consisted of 33 terms involving position, veloeity, and acceleration; engine cutoff
was initiated when the velocity of the vehicle attained a preset value.

The PGM scheme for SA-6 and 8A-7 performed as expected. Figure 5.1-1 compares the pre-
dicted or nominal values of altitude versus flight time for 8A-8 and SA-7 with actual values obtained
from tracking information. The deviations from the predicted or nominal values shown in the figures
include the effects of hardware tolerances, performance variations, and external perturbing forces.
On the SA-6 vehicle, one engine of the first stage failed and was automatically cut off around the
116th second of flight time, This perturbation was corrected by the guidance scheme as can be seen
in Figure 5.1-1. The orbital insertion accuracy achieved was well within the prescribed tolerances.

The Saturn I SA-% vehicle employed the 1GM scheme for pitch plane guidance; delta-minimum
guidance was used again in the cross range direction. Guidance became active approximately 20 sec-
onds after second stage ignition. The payload was injected into an elliptical orbit having a perigee
of approximately 500 km and an apogee of approximately 750 km. Figure 5,1-2 compares the pre-
dieted or nominal values of altitude versus flight time with the corresponding values obtained from
tracking data. The cross range velocity versus flight time is given in Figure 5.1-3. The deviations
from the nominal values shown in the graphs include the effects of hardware tolerances, perform-
ance variations, and external perturbing forces. The puidance acouracy and performance achieved
with the IGM scheme on the SA-9 vehicle was excellent. Moreover, preflight experience with this
scheme substantistes its expected flexibility to mission and vehicle changes.

A comparison of the altitude profiles given in Figures 5.1-1 and 5.1-2 shows a considerable
difference. The 8A-8 and SA-7 vehicles ascended above the desired cutoff altitude and then descended
to the desired Injection point, This trajectory shape is a feature of optimized trajectories for high
performance vehicles, i.e,, for vehicles with high thrust-to-weight ratios. The maximum altitude
of the trajectory depends on the vehicle performance and the specified end conditions. The SA-7
vehicle reached a higher altitude than the SA-8 vehicle, whieh had a lower performance because of
the engine-out condition, The SA-9 vehicle approached the desired cutoff altitude from below. [t

had just enough performance to fulfill the required end conditions.
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CONVERSION TABLE

670N - 1501b L0015 cm - .0006 in.
102 x 10 N - 23,000 1b .002em - .0008 in.
0.9x10° N - 200,000 1b 1.44 cm kg (torque) - .104ft1b
4.5x105 N - 1,010,0001b 900g - 1.981b

300 ms~! rev' - 984 ft/sec/rev
0.05 ms~! /bit - .19 in./sec/bit

6.7x10° N - 1,500,0001b
33.5x 108 N - 7,500,0001b

34x105 N - 17,600,0001b 7.5mm - .29 in.

12 km (altitude) - 39,000 ft 30kg - 661b

5000 kg - 11,000 1b O0Tm® - 2.5t
2500 kg - 5,5001b BOkg - 176 1b

1000 kg - 2,2001b 0.1m® - 3.5f5

1100 kg - 2,4001b 0,05 m/s - .2 in./sec
5kg - 111b 0.imm - .004 in.

Hz - cps 0.5x 105N - 110,000 1b
10 Nem™ - 14.5psi 2500 Nem™ - 3625 lb/in.?
2000 cm®/min - 122 in.3/min 500 km - 310 mi.

2400 em®/min - 146 in.3/min 750 km - 466 mi.
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